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ABSTRACT 

Linearized six degree of freedom rigid body 

aircraft equations of motion are presented in a 

stability axes system. 

Values of stability derivatives are estimated 

for two representative STOL aircraft - the DeHavllland 

of Canada "Buffalo" and "Twin Otter".  These estimates 

are based on analytical expressions included in the 

report.  The combination of the equations of motion 

and the estimated stability derivatives provides an 

aircraft model which is useful for Navigation, Guidance 

and ATC Studies. 

Resulting transient responses to control Inputs 

are presented. 
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SYMBOLS 

a Airplane lift curve slope rad-1 

a lift curve slope of surface () _, l' (of wing when no subscript) rad 

2 
AR/» aspect ratio of surface () ■ b/x/S/j 

(of wing when no subscript) 

b,> span of surface () (of wing when 
no subscript) ft 

c.. mean chord of surface () (of wing 
l' when no subscript) ft 

C/x nondimensional stability derivative 
(defined in Section VI) 

CD parasite drag coefficient of aircraft 

CT lift curve slope of wing rad 
a 

D* aircraft parasite drag lbs 

e wing efficiency factor 

F,. force component along the () axis lbs 
2 

g gravitational constant = 32.2 ft/sec 

h altitude ft 

h height of fuselage at wing root ft 

h CG position, fraction of c 

h neutral point of aircraft.fraction of c n ' 

H.. component of angular momentum along 2 
u the () axis slug-ft /sec 

i,.j,>k,.      unit vectors along the X,Y, and Z 
'     axes of the () coordinate frame, 

respectively 

I »IV»I_      aircraft rolling, pitching, and yawing x' y z moment of inertia, respectively (further 2 
defined in equations 13-15) slug-ft 
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2 
J product of inertia = /xydm slug-ft xy 

2 
J product of inertia = /yzdm slug-ft 

2 
J„v = J       product of inertia = /xzdm slug-ft zx xz 
L,M,N,        scalar components of the 

applied external moment along 
the X , Y , and Za axes, respectively       ft-lbs 

Pi Pi A 

2. / % distance, quarter chord of aircraft 
u mac to quarter chord of surface () ft 

m mass of aircraft slugs 

P,Q,R scalar components of the angular 
rotation vector of the aircraft 
along the X-, Y , and Z  axes, 
respectively  A      A rad/sec 

AP,AQ,AR      perturbed portion of P, Q, R, 
e.g. AP = P - P0 rad/sec 

q dynamic pressure =  i. p  VR lbs/ft 

s laplace  transform variable = J^ sec"1 

S/. area of  surface   ()    (of wing when j 
no  subscript) ft 

t time sec 

AT change  in thrust due to pilot 
throttle input lbs 

U,V,W scalar components  of velocity of 
the  aircraft along  the  X  ,  Y.  and Z. 
axes,  respectively A      * ft/sec 

Au,AV,AW perturbed portion of U,   V,  W, 
e.g.  AU = U - U0 ft/sec 

U equilibrium or reference value of U ft/sec 

V resultant ^velocity vector of aircraft 
.\/u2 + v2 + w2 ft/sec 

w width of fuselage  at wing root ft 

W weight of aircraft = mg lbs 

X,Y,Z scalar components  of the applied 
non-gravitational  external  forces 
along the X,,  Y.,   and  Z,  axes, 
respectively        4 lbs 
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Y  Y  z     axes defining the 0 coordinate 
()' 0  0   frame 

AX.AY,AZ      perturbaticn portion of X, Y, Z, 
e.g., AX = X - X0 

iDS 

x, y, z,      distances along the XA, Yh,   ZA 
axes, clarified by subscript It 

distance, aircraft centerline to ft 
inboard end of aileron 

y 1 

Yj distance, aircraft centerline to ft 
outboard end of aileron 

3 

0 

angle of  attack =  tan-1 W/U rad 

angle of sideslip  =  tan-1 V/U rad 

6,. deflection of control  surface   () 
(positive deflection produces positive 
moment) rad 

A6.. perturbation oortion of  & i\ , 
e.g.,   A5 ,.   =  6 j.   -  6 (j rad 

Y flight path angle of aircraft 
= 0 - a rad 

F dihedral angle deg/ rad 

e downwash angle rad 

IQ efficiency of tail surface () 

G,*,* Euler angles, defined in Figure 2 rad 

A9,A$,A,1'      perturbed portion of 0, *, 4', 
e.g., A0 = 0 - 0 rad 

o 
3 

p atmospheric air density slug/ft 

a sidewash angle rad 

T aileron effectiveness 

Subscripts 

A aircraft body coordinate frame 

C Earth-aircraft control coordinate frame 

E Earth-centered coordinate frame 

I inertial coordinate frame 

L Earth local-vertical coordinate frame 



f flaps 

F fin 

g due to gravity 

n stick-fixed neutral point 

T horizontal tail 

o equilibrium or reference condition 

w wing 

^ 
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1.0 Introduction 

There is no such thing as an exact mathematical mode], of 

any physical phenomenon.  All mathematical models are, therefore, 

approximations to reality; approximations based on an assumption 

set which should be clearly recognized by both the writer and 

the user of the equations comprising the model. 

The basic set of assumptions must always be derived from the 

desired application of the model. To develop and utilize a more 

exact model than that required for the job at hand is to pay an 

unnecessarily high price in man-hours and computer time both in 

the use of the model and in the gathering and formatting of the 

data required by the model. 

The model presented herein is a linear perturbation model. 

It was developed for use in exercising sets of 4-D guidance 

equations which are being developed for application in STOL 

terminal area guidance.  The aircraft which are modeled (the 

C-8 and the Twin Otter) were selected as representative of 

two classes of aircraft, i.e. light and medium STOL propeller 

aircraft, and are of interest only as representations of the 

classes from a guidance and ATC viewpoint. 

This report is submitted as partial documentation of work 

carried out in support of PPA 18-0, dated December 1, 1970. 

In particular, it documents the work performed under Task 2 

of this PPA for the "Buffalo" and "Twin Otter" aircraft. 

(Similar data are required under this task for a third STOL 

at a later date.) 

The applicability of the present model is discussed in 

detail in the next section, Section 2.0. 
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The  next  3  sections  are  devoted  to the derivation of  the 

required   linearized equations:     In  Section  3.0,   required 

coordinate   frames  are defined.     Section 4.0 derives  the 

generalized  kinematic equations  of motion,  utilizing very 

few approximations.     Finally,   in  Section 5.0,   the desired 

linearized  equations are developed  from the generalized ones. 

Section 6.0 presents  analytical  expressions  for  the 

required  stability derivatives.     These expressions  are  used 

to generate numerical values,   given  in Section 7.0,   for 

two representative STOL aircraft. 

Supporting material  is  included  in the Appendices.     In 

Appendix A,   analytical expressions   for selected stability 

derivatives  are developed.     Appendix B contains estimates of 

moments  and products of inertia  for  the two aircraft under 

consideration.     Appendix C contains  a  step-by-step calculation 

of the  stability derivatives  summarized in Section VII. 

Appendix  D presents  typical  transient responses  to control 

inputs,   calculated using the  equations and derivatives 

developed  in this  report. 



2.0 Applicability of Mathematical Model 

As stated in the Introduction, a linearized representation 

of aircraft motions is required. 

The model is intended for use as a tool in the preliminary 

design and analysis of STOL aircraft control, guidance, and 

navigation systems.  In this phase of analysis and design, the 

unstabilized response of the vehicle is adequately established 

by means of a linearized analysis.  The linearized model lends 

itself to the use of such techniques as root locus analysis 

and frequency domain analysis . 

Many approximations are required to develop a linearized 

set of equations from the generalized kinematic equations of 

motion.  All assumptions used in the derivations are explicitly 

stated in Sections 4.0 and 5.0.  They are introduced as they are 

needed and are consecutively numbered so that the reader can 

easily establish the degree of simplification at any point. 

The major simplification is the introduction of small 

disturbance (or "perturbation") assumptions.  Under these 

assumptions, aircraft motions are restricted to small 

excursions - perturbations - from an equilibrium flight condition. 

The major virtue of this assumption is that it vastly simplifies 

the equations. 

Its use, of course, limits the applicability of the equations 

to a certain extent.  The reader is cautioned, therefore, to 

determine the effect of this assumption (and of the others) before 

applying the equations. 



A reservation must also be stated concerning the stability 

derivatives presented in Sections 6.0 and 7.0.  These derivatives 

are not  based on wind tunnel or flight tests, because data from 

these sources were not available.  They have been developed by 

analytical niethods, and have been augmented in some cases by 

generally-applicable empirical data. 

The intended purpoise of the estimated derivatives is 
t 

to establish in representative fashion the dynamics of small 

and medium types1 of STOL aircraft. They' should not be used 

as the basis for an evaluation of the flying qualitites of 

the "Buffalo" or "Twin Otter" or pf the suitability of these 

aircraft for any specific mission. ' 

■ 



3.0 Definition of Reference Coordinate Frames 

The equations of motion of an aircraft are based on Newton's 

second law.  This law relates the forces applied to the aircraft 

to the acceleration (or change of momentum) of the aircraft with 

respect to inertial space.  It is usually convenient to define 

applied forces and moments with respect to a frame fixed in the 

aircraft.  Further, aerodynamic forces depend on the motion of 

the aircraft with respect to the air mass.  Finally, the motion 

of the aircraft with respect to the Earth is frequently of 

interest.  Thus it can be readily seen that several reference 

coordinate frames are required to completely describe the 

applied forces and the resulting motions of the aircraft. 

Reference coordinate frames to be used in this analysis are 

defined in this section.  Insofar as possible, axis systems have 

been defined so that senses of rotation and translation are 

, similar for small rotations.  Positive force, moment, and 

motion vector components are defined to be in the positive sense 

of the axis.  To the largest extent possible, the symbols and 

conventions used are consistent with those in common usage in the 

guidance and control fields and with those used by NASA for 

aircraft stability and control work. 

( ,  The Inertial  Coordinate  Frame. (I)   will be defined first. 

This frame is nonrotating with respect to inertial space.  The 
i I 

origin is the center of the Earth, with the Zj axis coincident 

with the Earth's axis of rotation.  The Xj and Yj axes then 

lie in the equatorial plane.  It is assumed that the linear 

and angular accelerations of the Earth with respect to inertial 

space as it moves in its solar orbit are not of interest.  This 

i 
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coordinate frame (as well as the E and L frames following) 

is shown in the sketch of Figure 1. 

The Earth-Centered  Coordinate  Frame   (E)   is fixed with 

respect to the Earth.  Its origin is at the Earth's center with 

the ZE axis coincident with the Zj axis.  The XE and Y axes 

lie in the equatorial plane, intersecting the Earth's surface 

at convenient points.  The E-frame can be chosen to coincide 

with the I-frame at a particular instant of time. 

The  Earth Looal-Vertioal Frame   (L)   is a local geographic 

frame.  Its origin is the center of mass of the aircraft with Z 

along the vertical defined by the local gravity vector (positive 

downward) , X parallel to geographic North (positive to the North) , 
L 

and YL parallel to geographic East (positive to the East). 

The Aircraft  Body   Coordinate Frame   (A)   is fixed to the 

aircraft and rotates and translates with the aircraft.  Its 

origin is the center of mass of the aircraft.  The X, axis 

is chosen in a convenient forward direction in the plane of 

symmetry.  (The exact X axis location is specified in Section V.) 

The YA axis is normal to the aircraft's plane of symmetry 

(positive to the right), and the ZA axis is in the plane of 

symmetry (positive downward) and orthogonal to the XA and YA 

axes.  The A-frame is related to the L-frame (and to the next- 

defined C-frame) in Figure 2. 

The Earth-Aircraft Control Coordinate Frame (C) is also 

centered at the center of mass of the aircraft. The Zc axis 

is aligned with the local gravity vector (positive downward) and 
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is therefore coincident with the ZL axis.  The Xc axis is the 

intersection of the horizontal XL-YL plane with the vertical 

plane containing the X- axis.  The Yc axis completes the 

orthogonal right-hand system.  The C-frame is an intermediate 

frame needed to define the Euler angles describing the relation- 

ship between the Earth local-vertical (L) frame and the Aircraft 

body (A) frame.  In their order of rotation (which must be 

preserved) the Euler angles are defined as: 

1. Heading (¥): angle of rotation about Z 
from XL to Xc; 

2. Pitch (Q): angle of rotation about Yc 
from X to XA; 

3. Roll («t) : angle of rotation about X. 
from Y  to yA. 

These Euler angle rotations are shown in Figure 2. 



4.0 Derivation of Generalized Kinematic Equations of Motion 

The generalized equations of motion are obtained (as, for 

example, in References 1 and 2) by equating forces and moments 

acting on the aircraft to the rates of change of linear and 

angular momentum of the aircraft with respect to inertial space: 

F  =  J-   (mV) 
3t (1) 

M = gf (H) (2) 

In these equations, F is the force vector and M is the moment 

vector acting on the aircraft.  Linear and angular momentum vectors 

are represented by mV and H respectively.  The subscript I 

indicates that the time rate of change of the momentum vectors 

is with respect to inertial space. 

It is of more interest, however, to express these momentum 

changes in terms of an axis system that is fixed in the aircraft 

and that is therefore translating and rotating with respect to 

inertial space.  This axis system is the A-frame defined in 

Section 3.0.  Equations 1 and 2 can be expressed in A-frame 

coordinates as 

F = d  ,-r. 
at (mV) + w x mV C31 

M - at (H) + OJ x H (4) 



In these equations, the subscript A indicates momentum changes 

with respect to the rotating A-frame.  The cross product terms 

account for the fact that the A-frame is rotating at a rate w 

with respect to inertial space. 

Equations 3 and 4 are completely rigorous.  At this point, 

however, it is convenient to make several assumptions to facilitate 

further development of the equations : 

Assumption 1: The mass of the aircraft does not 
change significantly in the interval 
of interest, that is 

af (iSv) - m gf  (V) 

Assumption 2: The rotating earth can be considered 
an inertial frame for the purposes of 
this analysis.  Therefore the E-frame 
is assumed to be an inertial frame. 

Assumpiton 3: The aircraft is a rigid body.  The 
contribution to H of spinnina propellers 
can be neglected.  Control surface 
dynamics need not be considered. 

Assumption 4: The YA axis is a principal axis so 
that the products of inertia JXy 
and J.., are zero, 

y ^ 

By virtue of assumption 2, the vectors V and (3 of equations 

3 and 4 are the motions of the aircraft with respect to the Earth. 

These vectors are further defined in terms of their A-frame 

components. 

v - u iÄ + v JA + w kA 

u) = P iA + Q JA + R kA 

(5) 

C6) 



where i , j . and k are unit vectors along the X , Y , and Z. 

axes, respectively.  Similarly/ F, M, and H of equations 3 and 4 

can be expressed in their A-frame components: 

F = Fx ^ + Fy 3A + Fz kA 

M = L iA  + M jA + N kA 

H = HX ^ + Hy JA + Hz 
k; 

Development of expressions for the scalar components of H is 

rather lengthy and will be omitted here.  Following the 

derivations in Chapter 1 of Reference 1 or Chapter 4 of 

Reference 2,   for example, produces these expressions for 

the components of H: 

Hx = PIx - QJxy - RJxz 

Hy = QIy - Rjyz - PJ xy 

Hz - RI2 " PJXZ - QJyz 

where the moments and products of inertia are: 

Ix = /(y
2 + z2) dm 

I = /(z2 + x2) dm 
Y 

I, = /(x2 + y2) dm 
z 

Jxy= / xy dm 

Jyz= / y^ dm 

Jxz= / xz dm 

(7) 

(8) 

(9) 

(10) 

(11) 

(12) 

(13) 

(14) 

(15) 

(16) 

(17) 

(18) 

and x, y, z,  and the mass element dm are defined in the sketch: 

10 
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X 

By virtue of Assumption 4, equations 10, 11, and 12 reduce to 

Hx " PIx " RJxz 

Hy = QIy 

Hz = RIz " PJxz 

(19) 

(20) 

(21) 

Now, by using equations 5 through 9 and equations 19 through 21, 

equations 3 and 4 can be expanded to give A-frame components of 

aircraft accelerations with respect to the Earth: 

Force Equations 

Fx = m [U + QW - RV] 

F = m [V + RU - PW] 

F, = m [W + PV - QU] z 

(22) 

(23) 

(24) 

Moment Equations 

L = Ix P + (Iz - Iy) QR - Jxz (R + PQ) 

M = Iy Ö + (Ix - Iz) RP - Jxz (R2 - P2) 

N = Iz R + (Iy - Ix) PQ - Jxz (P - QR) 

(25) 

(26) 

(27) 

11 
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„  .. . .- 

The A-frame forces (Fx'Fy'Fz) 
and moments (L»M,N) in equations 

22 through 27 represent all of the external forces and moments 

acting upon the aircraft.  These forces and moments are due 

to aerodynamic loads, control and propulsion systems, and 

gravity. 

Gravitation  Forces   -  The gravity force is a vector quantity 

of magnitude mg acting along the positive ZL axis.  The 

resolution of this force into A-frame components can be 

accomplished by referring to Figure 2 where Euler angles 

(^G,*) are used to relate the L-frame and A-frame coordinate 

frames: 

X = - mg sin 0 (28) 

Y =  mg cos 0 sin $ (29) 

Z =  mg cos 0 cos <I> (30) 

No moments are produced by gravity because the A-frame origin 

is located at the aircraft's center of gravity.  Therefore 

L , M , and N are zero. 

Non-Gravitational  Forces  and Moments   - The remaining forces and 

moments are due primarily to aerodynamic, propulsive and control 

effects.  They are denoted simply X, Y, Z, L, M, and N.  Thus, 

for example, Fx = Xq + X. These forces and moments are developed 

in Section V. 

The A-frame force and moment equations (22 through 27) can 

be restated on the basis of the above discussion.  Also stated 

are the relationships between A-frame angular rates (P,Q,R) and 

Euler angle rates.  These relationships have been obtained from 

Figure 2 by projecting the Euler rates (4',0,*) onto the A-frame 

12 



   ■ l^"""       I  ..-.->, ..„I.l..,-,.,.  

axes: 

m IU + QW - RV + g sin 0] = X (31) 

m [V + RU - PW - g cos 0sin*j= Y (32) 

m [W + PV - QU - g cos 0cos *]■ Z (33) 

Ix P + (I2 - Iy) QR - Jzx (R + PQ) = L (34) 

Iy Q + (Ix - Iz) RP - Jxz (R2 - P2) = M (35) 

Iz ^ + (Iy " Ix) PQ " Jxz (P ~ QR) = N (36) 

P = * - y sin 0 (37) 

Q = 0 cos * + 4* cos 0 sin * (38) 

R = * cos 0 cos * - 0 sin * (39) 

These nine equations are an almost exact description of the 

motions of an aircraft operating near the Earth's surface. 

The derivation to this point has used only four simplifying 

assumptions, repeated here: 

1. Aircraft mass is constant 

2. The Earth can be considered an inertial frame 

3. The aircraft is a rigid body 

4. The aircraft is symmetrical about its 
x - z plane. 

The equations can be further developed along any one of several 

paths.  In this case they will be manipulated (in Section V) 

into the form generally used for linearized aircraft stability 

and control studies. 

13 



5.0 Derivav.on of Linearized Equations of Motion 

A number of simplifying assumptions are required to develop 

linearized equations of motion from the general equations 

discussed in Section 4.0.  These approximations are (continuing 

the numbering sequence begun in Section 4.0): 

Assumption 5: The aircraft is assumed initially 
to be in equilibrium flight with 
no linear or angular accelerations, 
no angular rates, and no initial roll 
angle or lateral velocity. 

Assumption 6: The X* axis is fixed in the aircraft and is 
parallel to the projection on the 
XA - Z- plane of the relative wind 
vector during equilibrium flight. 
In other words, stability axes will 
be used. 

Assumption 7: Small disturbance (perturbation) 
theory will be used.  Motions and 
forces will be referred to the 
equilibrium flight condition of 
Assumption 1.  Variables at this 
flight condition will be identified 
by the subscript o.  Change from 
this condition will be indicated by 
the prefix A.  Thus: 

u = uo + AU 

V = Vo + AV 

w = wo + AW 

p = Po + AP 

Q B Qo + AQ 

R = Ro 
+ AR 

* = 
o + A^ 

0 = 0o + A0 

* = *o + A^ 

(40) 

14 



Assumption 8: Small angle approximationswill 
be made.  For example, 
sin A0 a A0 
cos A0 * 1 

Assumption 9: Higher order terms will be neglected. 
For example, (U0 + AU)(AQ) = U0 AQ 

By virtue of Assumption 5, P , Q0, R0, $0, and V are zero. 

By virtue of Assumption 6, W is zero. 11    is a special case. 

Since it is the angle between the XL and XQ  axes, it can vary 

from 0 to 27T.  In this analysis, we will specify that heading 

angle be referred to the initial Xp axis.  Thus ¥0 can be 

treated as if it were zero.  The perturbation relations of 

equation 40 can therefore be revised: 

u = Uo + AU 

V = AV 

w = AW 

p = AP 

Q = AQ 

R = AR 

» = A* 

9 = 9o 
+ A0 

* = A* 

(41) 

The derivative with respect to time of each of these variables 

can be easily determined, e.g.. 

U =   (U^ + AU) = AU 
dt  0 

15 



(42) 

Equations 41, Assumptions 8 and 9, and ^he trigonometric 

identities 

sin (A + B) = sin A cos B + cos A sin B 

i     cos (A,+ B) = cos A cos B - sin A sin B ' 

can be applied to equations 31 through 39 to produce 

; . t ' 

I '      *     ■ I 

m [AU + g sin 0O + g cos 0 AG] = X 

m [AV + U0 AR - g cos 0O A^] = Y 

m [AW - U AQ - g cos 0 + g sin 0 A0] = Z (43) 
Q. '  O I O 

• • 
I , AP  - J   AR = L 

, X ZX j .   , ■    l 

■    ,     I ■ AQ = M 

Iz AR - J2x AP. = N ! 

and      ,.,,.', ' 

P = AP = A* - A* sin 0O     ,     * (   l 

: Q' = AQ =  A0 (44) 

R = AR =  Af cos 0„ 
■■       •■ 0 '   'I 

I 

Equations 43 can be evaluated at the equilibrium flight condition 

where A quantities are zero: 

mg sin 0_ = X„ 3     o   o I 

o = Y       ,  ; 
o 

-mg cos 0O = ^0        '        ' 

, ,   ''      ,  ' 0 - L0 ^ '   ' 

'  /    ^  •',  0 " Mo ,  ' ',  , ,  ; 

0 =No    '  (  .' 
Subtracting these equations from equations 43 produces the 

1     ■ ,     i 

following perturbation equations: 

,   ■■    ■ i6    :     . 

i 

( 

—   . .■. 



m [AU + g cos 0 A0] = AX 

m IAV + U0 AR - g cos 0O A*] = AY 

1       m [AW - U0 AQ + g sin 0O A©] = AZ 

'   ^ ^ - JZx 
A« = L 

I  AQ = M 
y  . 

•  Iz AR - J2X AP = N 

where   AX = X - X , etc. 

Next to be developed are the right-hand sides of equations 45. 

Thie conventional practice of expressing these terms as a Taylor 

series expansion is utilized.  The development presented in 

Chapter 4 ofi Reference 2 is closely followed. 

The Taylor series is of the form (neglecting higher order terms) 

AX = XA AA + ^ 
AB+XC AC + . . . (46) 

where AA, AB, AC . . . are the variables which describe the 

niotions of the aircraft or which otherwise contribute to AX 

and where1 

3X 
XA " ?A 

evaluated at the equilibrium flight condition. 

Several additional approximations and assumptions are 

desirable at this point! 

Assumption 10: Higher-order terms in the Taylor series 
1        ,      expansions can be neglected. 

Assumption 11: The air mass is fixed with respect to 
the Earth; that is, there is no wind. 
This simplifying assumption allows 
use of components of ground speed V 
(AU,AV,AW) as variables in the Taylor 
series instead of components of airspeed, 

17 



Assumption 12: Series terms involving the derivatives 
with respect to these variables will be 
considered: AU, AV, AW, AW, AP, AQ, 
AR, A6e, A6a, and A6 .  The last 
three variables are the perturbation 
deflections of the elevator, aileron, 
and rudder, respectively. 

Assumption 13: Series terms involving derivatives of 
AX, AZ, and AM with respect to AV, AP, 
AR, A6a and A5  can be neglected. 
Terms involving derivatives of AY, 
AL, and AN with respect to AU, AW, AW, 
AQ, anH AcS can also be neglected. 

Assumption 14: The derivatives 8X/3W, 3X/3A W,AX/A6e, 
and AY/A6a are neqligibly small. 

These assumptions are discussed and justified in Chapter 4 

of Reference 2.  Assumption 10 is necessary in order to 

retain linearity in equations 45. Assumption 13, while not 

essential, is made because experience has shown that it is 

a reasonable one (for most applications) and because it 

allows separation of the six equations (45) into two sets of 

three. 

The definition of equation 46 and the above assumptions 

yield expressions for the non-gravity perturbaticn forces of 

equations 45: 

AX = Xu AU + Xw AW + AT 

AY = Yv AV +^P+ Yr AR + Y6  A6r 
.  r  " 

AZ = Z„ AU + Z,, AW + Z. AW + Zn   AQ + Z6  A6_ u      w      w      4       e  e 

AL = Lv AV + Lp AP + Lr AR + L5  A6a + L&     A6r (47) 
a   -    0r 

AS, 
e 

AM = Mu AU + ^ AW + M^ AW + M  AQ + Mg  .. ., 

AN = N„ AV + N0 AP + N- AR + Nx  A6  + N*  A6 v      p      r      0-  a   0r  : 
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Before these expressions are substituted into equations 45, one 

question must be resolved: Equations 4 5 contain as variables 

A-frame rates (AP,AQ,AR) as well as Euler angle displacements 

(At/AOjAt). A decision must be made as to which set of variables 

will be carried henceforward. 

For the X-Z-M set of equations 45, there is no difficulty. 

By virtue of equations 44, AQ = A0, from which can be obtained 

AQ = AÖ.  Thus AQ and AQ can be readily eliminated in favor 

of A0 and its derivatives. 

For the Y-L-N set, there is no difficulty either, except 

that some additional terms must be accepted for either set 

of variables.  One can solve equations 44 for A$: 

• 
A4 = AP + tan 0c AR, 

but attempts to integrate this equation in order to obtain an 

expression for A* (needed in the Y equation) encounter the 

difficulty that ZAP and /AR cannot be uniquely determined since 

they depend on the order that rotations are taken about the 

A-frame axes.  To avoid this difficulty (and to retain uniformity 

since the Euler angle A0 is used in the X-Z-M equations) the 

Euler angles A* and AV are used as the variables in this analysis. 

Thus equations 44 are used to eliminate AP and AR in equations 45. 

We will combine several steps in arriving at the final 

form of the aircraft equations of motion: 
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1. The six equations will be separated into 
the X-Z-M set and the Y-L-N set. 

2. AQ will be eliminated in fayor of A0, 
and AP and AR in favor of A* and ^  by 
using equations 44. 

3. The Laplace notation () = s() will be 
introduced. 

4. Equations (47) will be substituted 
into equations (45). 

The X-Z-M set - the longitudinal equations - are thus 

developed from equations 45 as: 

[ms - xu] AU + [-Xw] AW +[mg cos 0O] A0 =     AT (48) 

[-Zu] AU + [(m-Z^)s - Zw] AW + [-(mU0 + Zq)s + mg sin 0O] A0 

-   [Z6 ]      A6e (49) 

2 e 
[-Mu]   AU  +      [-M^s   -  MJ   AW  +   [Iys^   -  Mqs]   A0 

=   [M6   ]   A6e (50) 

The  Y-L-N set - the lateral equations - become: 

[ms - Yv] AV + [-Y s - mg cos 0O] A* 

+ [(mU0 - Yr) cos 0O + Yp sin 0O]s AT = [Y6 ]A6r (51) 

[-Lv]   AV  +    [Ixs     -  Lps]   A$ 

=2 + [-(Ix sin 0o + Jzx cos 0o)
s - (Lr cos 0O - Lp sin 0o)s] A* 

= [L6 ] A6, + [L. ] A6r (52) 0a   a    ör   
r 
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(-Nv]   AV  +   [-Jx2   s2   - Nps]   A* 

+   [(Iz  cos  0O + Jxz  sin  0o)s2   -   (Nr cos  0O  - Np sin 0O)s]   A* 

=   [N6   ]   A6a   +   [N6   ]   A6r (53) 

Equations 48 through 53 are, to summarize, the six linearized 

rigid body equations of motion, written in aircraft stability 

axes.  Dependent variables are the perturbed aircraft body 

(A-frame) velocities (AU,AV,AW) and the perturbed Euler angles 

(A0,A<I),A*) and their derivatives.  Longitudinal (X-Z-M) and lateral 

(Y-L-N) equations are not coupled. 

Coefficients of the variables in these equations are 

constants whose values are determined by the aircraft's 

geometric and mass properties and its equilibrium speed, U . 

These coefficients will be developed in literal form in Section 6.0. 

21 



6.0 Summary of Analytical Expressions for Stability Derivatives 

The equations of motion developed in Section V have soecified 

a set of aircraft stability derivatives (e.g. Xq) which, are defined 

analytically in this section. 

Each derivative represents the (partial) change in a force 

(or moment) due to an incremental change in a variable from 

the reference value.  Thus the derivative X represents the 

change in force along the aircraft X axis due to a change in 
forward speed, or 

X  = ^ Xu   3U 

where  the  subscript o  indicates  that   9X/3U is  to be evaluated 

at  the reference   (equilibrium)   flight condition. 

Definition 0f these derivatives  here will utilize  extensively 

the material  contained in Chapter 4  of Reference 2.    Emphasis  in 

this  report will  be placed on assembling  the desired material 

into  a compact and usable  form rather than on  repeating  the 

derivations  given  in the reference. 

Reference  2  develops  the derivatives  in their non-dimensional 

form.     Table  4.1  of  the reference defines  the  relation between 

these non-dimensional  coefficients  and the dimensional  coefficients 

used here.     For example, 
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u wu 
lbs 
f ps 

Analytical expressions for the non-dimensional coefficients are 

derived in References 1, 2, and 3 and are reproduced here.  For 

example, on pp 148-150 of Reference 2 is developed an expression 

for Cx : 
u 

C  = - 3 CD - C  tan 0  (constant speed prop) 
u        o     o 

Table I presents similar information for each of the required 

derivatives:  Each derivative is defined in terms of the 

corresponding non-dimensional derivative.  Then, the expression 

for the non-dimensional derivative is given together with the 

source of the expression. 

In Section 7.0, these expression are evaluated for the 

"Buffalo" and "Twin Otter" aircraft at several flight conditions 
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TABLE I 

ANALYTICAL EXPRESSIONS FOR STABILITY DERIVATIVES 

1    x  =ai 
1     u    uo 

^       lbs 
Xu fps 

C 
X 

u 
-3 CD    - C      tan 0O /constant    \             | 

o        Lo                 Ispeed prop/              I 
(Ref.   2,   pp 148-150)         i 

!      w    uo 

lbs 
Cxa  fps C 

X 
a 

c    li-2CLa 
(Ref.   2,   p 147)                    | '-Lo I1     TreAR 

'-? r       lbs 
zu £PS 

Cz    = 

u 
-2  CL     (Ref.   2,   pp  129-130,p  150) 

o                                                                      1 

z    -^ 
W      Uo 

c      lbs- • 
^fps 

cs= -(CLa + CDo)      (Ref.   2,  p 147) 

1          w       2U2 
- aS  C              lhs   -. 

a 

9*- ST A     (tail contribution 1 
"2 aT ^T ^ s    a| (Ref- 2' P 

165) q       z .    £t/sec2 

1       z    =    c 
i          «I       2U0 

qS  C            lbs 

c<-2 

I    S         (tail contribution)         f 
•a    nT -i -i-    (Ref.   2,  p 154) 
res                                                      1 zq  rad/sec 

Z6e " ^ 
c          lbs 

z
6       rad 

e \ = 

daT      Sm 
8  aT d         S^    nT   (Ref*   3'   P  250) 

e                                                             I 

|          u      Uo 

ft lbs 
c%  'p' " 

C        « 0     (Ref.   2,   p 151)                                           I 

Mw - u0 

ft lbs 
Cma      fps ma 

CL     (h-hn)      (Ref.   2,pl47)                           | 
a                                                                             | 

M        -             C 

Mw      —T 
o 

-qsccm.     ajLb^ 
a       fps 

Cz       T     (tail only)    (Ref.   2,  p 165) 
d c 

M    = -2- 
q   2ü0 

ft  lbs 
qSc \    rad/sec" s- &_     (tail only) 

C_    -*    (Ref.   2,   p 155) 
Zq  c                                                                               | 

Mf     =  qSc 
Ö 

e 

ft lbs 
m6           rad 

6e 

C         ^  (Ref.   3,   p 250)                                1 
z6     c 

e 
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TABLE I   (continued) 

Y _ ai c   lbs 
v  Uo  Yß fpg 

s^      do (tail only)             1 
cy a   ' aF i^ (1" ?ß)(Ref- 2' p 168)   ! 

Y _  b   s c     lbs 
bF S  l+2Ap   (App. A, 

cr = c,f = -2 a« ' F nn:    this 
Y
P   yPF I    ^ S 1 + AF    report) !   P  2U      yp rad/sec 

Y  -  -b  a" C      lbs 
«,_ Sp   (tail only) 

Cy  = Cy  - 2 aF -| ^.   (Ref. 2, p 74) 
r    rF 1  *r  2U0 ^ yr rad/sec 

Y   = qS C     lbs 
ör      y6r rad S^-^s1 • d/    (Ref- 3' p329) 

T  _ qSb ^   ft lbs 

j   v  uo   £ß    fPs 
Co   = Cn      + C.               + Cj 

3    B     ^ßfuselage   ^g,, w            ^      F          j 

C,,   : See item 90, Table III         1 
\ 

~-   1.2 /AR  ^ • ^ ^Isef' 
£ß fuse          b    ° 

C.   - Cv   .    (Ref. 2, p 89) 
ßF   

yß   b 

L  "  b  qSb C„   ft lbs 
j    P   2U0      

Äp rad/sec 
C^ :  See item 91, Table III             j 

P                                      I 

1        b          ft lbs 
L  =   qSb C,    "  
r  2U0      

l
T    rad/sec 

c* = c^  + c 
rF 

1 
C   = CT /4  (Ref. 1, p 112)       | 

C   = C   jlE (Ref. 2, p 175) 
r     r                       1 
F                                 j 

L,  - qSb C0    
ft f5 

6r  ^   <l6   ra^ 6r   ^r  ^                       j 
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TABLE  I   (continued) 

„„u „    ft lbs 
L6  = qSb Ci,          rad a       6 a 

V                          1 
C^  =  Mr    !   ' cy dy  (Ref. 3, p 354) 

6a       ^i 

N  = Sab c    ft lbs 
v  U0   nß   fps cn = cn  + cn 

ß    BF    ß fuselage 

Cn   = " Cv  -K  (Ref- 2, p 82) 
nßF     

yßF 

c 
ß fuselage 

volume of fuseage  h   j 
" " 1-3      Sb       * w 

(Ref. 2, p 492) 

N  =  b   qSb C    ft lbS 
;    P  2U0      np rad/sec 

1 
P    Pw     PF 

CL r CL 1       J C        „     ^o I i _  a   (App A, thisl 
Pw           4 '    TT ARj report) 

j 

C   =   - Cv   
F (Ref. 2, p 171) 

PF       
yPF 

b 

N  =  b   qSb C    ft lbS 
r  2Uo      

n
r rad/sec 

w 

C    = - £n c    (Ref. 1, p 112) 
rF     b    rF 

C   » - Cn /4     (Ref. 1, p 112) 
nr      Dw 

w 

ft lbs 
Nx  - qSb C„ 

6r                 n6    rad 
Cn   = - C   J-     (Ref. 3, p 329) 

r     r 

ft lbs 
N.  = qSb C      _ , ö.       n^    rad a        o a 

1 
C   : no simple analytical expression 
n6a   available; assumed zero here. a                                                        | 
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7.0 Tabulation of Analytically-Determined Stability Derivative 

Values for DeHavilland "Buffalo" and "Twin Otter" 

In this section, stability derivatives and other numerical 

data required to model these aircraft are presented.  The 

derivatives are estimated using the analytical expressions 

summarized in Section 6.0. 

Step-by-step calculation of each derivative is carried 

out in Appendix C.  The geometric and mass data needed in 

Appendix C to calculate the derivatives have been obtained 

from Reference 4; this material is summarized in Figures 3 and 

4 of this report. 

For each aircraft, three flight conditions are investigated. 

These are: cruise, slow flight, and landing approach.  Table II 

presents the parameters needed to define each of these flight 

conditions. 

All stability derivative information is summarized in 

Tables III, IV, and V.  In Table III, the non-dimensional 

derivatives calculated in Appendix C are collected and presented 

for both aircraft at all three flight conditions.  In Table IV, 

the derivatives are presented in their "dimensional" form, 

utilizing the definitions of Table I. 

For convenience, the derivatives are also presented in 

"normalized" form in Table V.  The "normalized" derivatives are 

obtained by dividing each dimensional derivative by the appropriate 

mass or inertia parameter.  Specifically, force derivatives are 

divided by m, aircraft mass.  The roll, pitch, and yaw moment 

derivatives are divided by Ix, I , and lz,   respectively. 

27 

—  



1    TABLE II 

Definition of Flight Conditions 

i 

Buffalo ( Twin Otter       j 

1 Cruise Slow 
Flight 

Landing 
Approach 

Cruise Slow 
Flight1 

Landing 
Approach 

W, weight* lbs 40000 40000 40000 12000 12000 12000,   j 

U0, speed, fps 400 
i 

215 154 278 176 120 

h, altitude, ft 10000 0 0 10000 0 0  ' 

Y0, flight path 
angle, degrees 

1 0 

1 

0 -7.5 1  '0 0 •-7.5   | 

6-, flap/deflection, 
degrees 

0 0 40 0 
1 

0 ,  ,40   i 

i      1 

Note: 1 Normal CG. used for all flight conditions. 

2 Max T.O. weight for "Twin Otter" is listed as 
11,579 lbs in Ref,. 4.  However, later editions 
of Ref. 4 show an increase to 12500 lbs.  The 
weight to be used here has been arbitrarily 
chosen'as ^2000 lbs. ( 

3 9_ = Y0 in this report because of use of 
stability axis system. 

> i 
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TABLE III   Summary o f Derivatives in Non-Dimensional Form 
t—■ - - 

■ '    

Non- 
pimensional 

Buffalo Twin Otter        j 
Slow Landing Slow Landing 1 

Derivative Cruise Flight Approach Cruise Flight Approach 

i  '  u 
i  Cx 

a 

, -.108 -.171 -.186 -.141 -.195 -.237    | 

.164 ' .441 .815 .234 .435 .920 
Cz 

1  ;  U  , 

i    a 

I Cz. a 

-.60 ! -1.54 -2.98 -.84 -1.56 -3.30   | 

-5.24 -5.26 -5.33 ■ -5.25 -5.27 -5.36   | 

-1.33 -1.33 -1.33 -1.60 -1.60 -1.60    j 

z 

i  q 

i   f* 

-7.83 -7.83 -7.83 -6.40 -6.40 -6.40    j 

.465 .465 i .465 ,450 .450 .450     1 

0 0 0 0 0 0     ; 
Cm 

1    /^ 
-.78 -.78 -.7 8 -.78 -.78 -.78 

i c% -6.05 -6.05 -6.05 -6.15 -6.15 -6.15 
CrT, 

i 

III 
1      q -35.6 , -35.6 -35.6 -24.6 -24.6 -24.6 

1  Cnu  ' 6e 2.12 2.12 2.12 1.73 1.73 1.73    ! 

\% T.362 -.362 -.362 -.492 -.492 -.492 

\    c 

1 
( 

-.055 -.055 -.055 -.085 -.085 -.085    i 

^ .368 .368 .368 .429 .429 .429   : 

1 c^ s -.233 

-.125 

-.233 

-.125 

-.233 

-.125 

-.317 

, -.103 

-.317 

-.103 

-.317 

-.103   | 

i  c^ 
'    p 

1     f* 

-.53 -.53 -.53 -.60 -.60 -.60    1 
\      C9, 

r .113 .231 .410 .138 .233 .451    I 

C^ 
-.024 i -.024 -.024 -.024 -.024 -.024 

<• 

.20 

, .101 

i  .20 

.101 

.20 

.101 

.38 

.121 

.38 

.121 

.38 

.121 
c. 

np - .037 -.134 -.283 -.054 -.129 -.310   j 

■  Cn n 

1  Cnr -.171 -.175 -.188 -.171 -.174 -.191 

c> 
.107 .107 .107 .124 .124 .124    ' 

"«a 0 1  o 10 0 0 0 
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TABLE IV Sununary of Derivatives in Dimensional Form 

Dimensional 
Derivative 

Buffalo 

Cruise 
Slow 
Flight 
-41.4 
106.8 
-372 
-1273 

-7.56 

-9560 

24150 

C 

-1910 

-347 

-.440jd0€ 

1J12X106 

Landing 
Approach 

Twin Otter 

Cruise 
Slow 
Flight 

Landing 
Approach 

Xn Ibs/fps .u 
Xw Ibs/fps 

Ibs/fps 
Ibs/fps Z 

Zt,  Ibs/fps' 

lbs 
rad/sec 

lbs 
rad 

ft-lbs 
fps 

ft-lbs 
tps 

ft-lbs 

M. 

M w 

\ 

M. 

Mi 

fps' 

ft-lbs 
rad/sec 

ft-lbs 
rad 

-35.7 
54.3 

-199 
-1733 

-5.55 

-13,090 

61600 

0 

-2610 

-255 

e 
-.enOxio 

2.84xl06 

-32.4 
141.8 
-519 
-927 

-7.60 

-6900 

12500 

0 

-1372 

-347 

-.317xl06 

.575xl06 

Yv Ibs/fps 
Y   lbs 
P rad/sec 

Yr  lb.s 

rad/sec 
y6  lbs 
ör rad 

Lv ft~lbs 
fps 

L ft-lbs 
p rad/sec 

L ft-lbs 
r rad/sec 

L6   ft~lbs 

r    rad 
Lg     ft-lbs 

-120 
-880 

5850 

-30,800 

-3980 

6 
-.810x10 

+1.7 3xl05 

-3.06x10f 

N, 

N 
E 

N 

p3~I_   
fps 

ft-lbs 
rad/sec 
ft-lbs 
rad/sec 
ft-lbs 
rad 

+2. 55x10 

3215 

-56500 

N        ft-lbs 
a     rad 

-2.62x10 

1.365x10* 

0 

-87.5 
-637 

4260 

-12,100 

-2900 

6 
-.591x10 

+ 2.58X1D5 

-i.aDxio5 

+1.00xl06 

2340 

-149500 
5 

-1.95x10 

.535xl06 

0 

^63 
-460 

3070 

-6,260 

-2085 

6 
-.426x10 

+3.30X105 

-.62x10 5 

+ .516xlOe 

1685 

-22800 
5 

-L 51x10 

. 276xlD6 

0 

-14.5 
24.1 

-86.5 
-541 

-1.93 

-2155 

12920 

0 

-520 

-48 

-.534x10f 

.320xL(f 

-50.6 
-284 

1430 

-9100 

-686 

-130000 

+30000 

-44500 

+7.05cl0! 

806 

-11700 

-37100 

2.30xlD5 

0 

-1772 
38.2 

-137 
-464 

-2.16 

-1836 

6975 

0 

-446 

-65 

5 
-.459x10 

.174xl06 

-14.5 
56.1 

-201 
-327 

-2.19 

-1253 

3265 

0 

-306 

-65 

-.3L3xlD5 

. osiacio6 

-43.1 
-243 

1228 

-4910 

-589 

-111800 

+43500 

-24200 

+ 3.83xL0f 

-3Ö.Ö 
-167 

840 

-2300 

-404 

-76400 

+57400 

-11300 

+L79xl05 

692 

-24100 

-32400 

L2 5xl0E 

0 

475 

-39500 

-24300 

.585xl(f 

0 
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TABLE V    Summary of Derivatives  in Normalized Form 

Normalized 
Buffalo Twin Otter          i 

Slow Landing Slow Landing 1 
i Derivative Cruise Flight Approach Cruise Flight Approach 

Xu/m -.0288 -.0334 -.0261 -.039 -.0462 -.039 
\    Xw/n .0437 .0860 \     -114 .065 .1027 .151   | 
1 'su/m -.160 -.300 -.418 -.232 -.368 -.540   | 

Zw/m -1.397 -1.026 -0.747 -1.454 -1.247 -0.880 

Z-/m -.0045 -.0061 -.0061 -.0052 -.0058 -.0059  | 

Za/m -10.53 -7.70 -5.55 -5.80 -4.93 -3.37   i 
Z« /m 49.6 19.45 10.08 

  
34.8 18.72 8.79   j 

0 0 0 0 0 0 

M ./I -.0121 -.0089 -.0064 -.0236 -.0202 -.0139  1 

M^/Iy -.0012 -.0016 -.0016 -.0022 -.0030 -.0030 

Mq/Iy -2.79 -2.04 -1.47 -2.42 -2.08 -1.42   j 

Möe/Iy _ __ 13.2 5.17 2.675 14.52 1 7.9 3.7     | 

hT7™ -.097 -.0705 -.0508 -.136 -.116 -.0806  | 

YP/n -.710 -.514 -.371 -.764 -.654 -.449 

Yr/m 4.71 3.44 2.48 3.84 3.30 2.26    | 

!   r -24.8 -9.76 -5.05 

-.0076 

-24.4 

-.0282 

-13.2 

-.0242 

-6.19 1 

-.0166  1 1 LvAx -.0146 -.0106 

S^x -2.96 -2.16 -1.56 -5.35 -4.60 -3.14   1 

Lr/Ix .633 .945 1.208 1.233 1.790 2.360 

^r^x -1.12 -.44 -.227 -1.83 -.996 -.465 

^a^x 9.34 3.66 
.0052 " 

1.89 

.0038 

29.0 

.0197 

15.77 

.0169 

7.36 | 

.0116   i V1^ .0072 

v^ -.126 -.334 -.510 -.286 -.588 -.965 

1 v^ -.586 -.436 -.338 -.905 -.790 -.593 

1 N6r/IZ 3.05 1.195 .617 5.61 3.05 1.43 

^a/1. 0 0 0 0 0 0 
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Zj ,  zE 

LOCAL 
MERIDIAN 

EARTH'S   ROTATION 

I: INERTIAL  COORDINATE   FRAME 

E: EARTH-CENTERED COORDINATE  FRAME 

L: EARTH  LOCAL-VERTICAL  COORDINATE  FRAME 

FIGURE   1: REFERENCE  COORDINATE  FRAMES 

32 



L: EARTH LOCAL VERTICAL COORDINATE FRAME 

C: EARTH-AIRCRAFT CONTROL COORDINATE FRAME 

A: AIRCRAFT BODY COORDINATE FRAME 

EULER ANGLES 

V - ROTATION ABOUT ZL AXIS 

0 ■ ROTATION ABOUT Yc AXIS 

♦ = ROTATION ABOUT XA AXIS 

— ^-^   EAPTH HORIZONTAL 

PLANE 

FIGURE 2:  ADDITIONAL REFERENCE COORDINATE FRAMES 
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OMC-S BUFFALO 
DifTiTrnctii   bctwcrn   tho   US   anil   Cnuudian 

Vrr^iollN ftW UN  fnllows: 

GV-TA. IS iiHi.k-1. with 2.K.1« ,-,h{, Urnrral 
I l.'irn' TUICKIO turl>npr<>|M. Uvorall Irngili 
?T H 4« i-!i .'i7 tn). Ilifiicniition mny lie ehaiiftrd 
f.-tlxwinc Inuvilvr or rvunoiiMiliiltty for aircraft 
in II.i« i-Htiiftiry from Us Army to U8AF. 
M-lli. CwMdian Dcfpfwo Pnraa modol, with 

3.055 nhp General Electric T«4/l,2 turboprora. 
Ovrrnll length 70 a 0 in (24'OS m). Otherwise 
■iniilar to CV-7A, with only wiwll dilTerene«« in 
performance. 
WIKOJI : Cuitilever hiph<win(e monoplan«. Wing 

«eelinn NACA (4^4178 (mod) »t root, 
NACA UiAdS (mod) at tip. Aipeet ratio 
»VS. Chord II ft »J in (3-5» m) *t root. 
5 n II m (I 19 m) at tip. Dihadral C inboard 
of nmil!.-^. 6* outboard. Ineidonce 2' 30'. 
Mweeplxrk at quarterehord 1' 40'. Con- 
ventional fail-Mtf» multi-spar nnict'jni of lii«h. 
•trenglh aluminium allova. Kull-apan double- 
slotted aluminium alloy llnps. outboard sections 
functioning as ailerons. Aluminium alloy 
slot-lip »poiler», forward of inboard flaps, are 
actuated by Jarry Hydraulirs unit, ttpoilera 
eoupled to manually-operated ailerons for 
lateral control, unroiipled for symmetrical 
grounil operation. Kleelrieally actuated trim- 
tab in «larboard aileron. Geared tab in each 
aileron. Kudder-aileron interconnect tab on 
port aileron. Outer wing leading-edge« fitted 
with electrically-controlled flush pneumatic 
rubbar de-icer boots. 

FUBEI.AOE: Fail-safe structure of high-strength 
aluminium alloy. Cargo floor supported by 
longitmliiittl keel mumbers. 

TAIL UNIT: Cautiluvor stnictum of high-strength 
aluiniiii'iiii alloy, with fixcd-inrUlmco tailplan« 
mounteil nl tip of (In. Mlevator aerodyiuunic- 
ally anil maiM-balaticefl. Kore and tmiling 
serially-liingfMl rudderK are |!owcrc(l by tandem 
jacks ntK-ratcfl by two inilenemli'iit hydraulic 
»**U'tns nianufavtured by Jarry Hydraulic«. 
Tnni-tab on port elovator, «firing-tab on 
starboard elevator. Klectrieally-oontrolled 
flusli pnouniatic rubbar de-icer boot on tail- 
plane loading-edga. 

OMC-i Bitttt WH hrtopfty STOL nUllty Umtpmt 

I.ANIIIVO ORAR; Retractnblo tricyrio type. 
Hvtli-nulie rvtruetion, nos<> unit aft, mnin units 
forward. Jarry Hydrttnlicii olco-pfieuinatio 
shoek-alisorbcni. (lofHlrich main wheels and 
tyrw, sixe 37-00 x l^-OO-IS, prrs«uro 45lli/«q m 
(3-10 kf/cu^). Gnudrich nnso wheels and tynra 
.ii/.o KIN) x 12.10, pn^Miiru 38 lb/>q in (i 01 
M/c»').   Goodrich niulti-disc brake«. 

I'UWKH I'LAAT: Two General Klectrin T04 turbo. 
prop rneinrn (dctaiU iintler entriiti for in- 
iliviilunl vemions. above), each driving a 
Humilt'm Standard G3KOO-I3 tliriv-Miulo pro* 
)M'llcr, illnmi'tiT 14 ft 0 in (4-42 in). Fuel in on« 
mtetrral tank in each inner wing, eafiacity 533 
Imp gallons (2,423 litres) and ruiilier bag tanks 
in each outer wing, cuiwcity 330 Imp gallons 
(l,.ri27 litre«). Totul fuel enpaeity 1,73» Imp 
galliiii« (7,1MHI litre«). Kufuelling point« above 
wing« and in «ido of fuselage for pressure 
reriielliiig. Total oil capucitv 10 Imp gallons 
(450 litres). 

AREAS: 
Wing«, gross 04.1 sq ft (»7 8 nt) 
Aileron« (total) 30 «q ft (.1-62 irf) 
Trailing-edge Haps (total, including aileron«) 

280 sq ft (20 01 irf) 
Spoilers (total) 25-2 sq ft (234 irf) 
Kin 02 sq ft (»•■■.-, irf) 
Umlilcr, including tab 00 sq ft 13-57 irf) 
Tailplane ISI-5 «q ft 114-07 n/| 
Klcvstor«, including tab       81-5 sq tl (7-57 nr) 

WKIOIIT« AND LOADINOS: 
0|K'raiitip weight empty, including 3 crew at 

2(>0 lb (VI kri euch, plus trapped furl and oil 
and full cargo handling equipment 

23,157 lb (10,505 kg) 

DIMENSION», EXTERNAL: 
Wing span 06 ft 0 in (20-2« m) 
Length o»cn,.!l! 

CV-7A 77 ft 4 in (23-57 m) 
CCII5 79 ft 0 m (24-08 in) 

Height overall 2H ft 8 in (8-73 in) 
Tailplane span 32 ft 0 in (9-75 m) 
Wheel track 30 ft « in (9 29 in) 
Wheclbas« 27 ft 11 in (8 50 m) 
Cabin doors (each side): 

Height j ft «m (1-68 m) 
Width 2 ft V in (0-84 m) 
Height to sill 3ft 10 in (M7 m) 

Emergi ncy exits    (each    «id«,    below    wing 
lesding-edge): 
Height 3 ft 4 in (1-02 m) 
Width 2 ft 2 in (0 6« m) 
Hrigl.» to sill appn-z 3 ft 0 m (1-82 m) 

Itesr t-argo loading door and ramp: 
Height SO ft 0 in («-33 m) 
Width 7 ft 8 in (2-33 m) 
Height to ramp hinge 3ft 10 in (1-17 m) 

DfMCVSIONS,  INTERNAL: 
Csbiu, excluding flight deck: 

l.ength, cargo floor 31 ft 5 in (9-58 m) 
Max width 8 ft 9 In (2 67 in) 
Max height 6 ft 10 in (2 08 m) 
Floor area 243-5 sq ft (2263 irf) 
Voliriie 1,713 cu ft (48-86 irf) 

Max payluad 
Max TO weight 
Max xrro-fuel «eight 
Mux landing «right 
Max wing loading 
Mux power loading 

13,843 lb (6,279 k«) 
41,0001b (18,598 k() 
37.000 lb (16.783 k;) 
39,0001b (I7,tf90k() 

43-4lb/«q ft (212 kf/iu1) 
7-2 lb/eshp (3-27 k«/eshp) 

PKHFOIIMANCE (CV-7A, at in«x T-O weight): 
Max level speed at 10,000 ft (3,030 m) 

271 mph (435kinh) 
Max permissible diving «peed 

334 mph (537 kmh) 
ithx cruising speed at 10,000 ft (3,050 mi 

271 mph (+33 kmh) 
Econ cruising »peed at 10,000 ft (3,050 m) 

208 mph (333 kmh) 
Stalling speed. 40° flaps st 39.000 lb (17.690 k|) 

ACW 75 mph (120 kmh) 
Stalling «peed, dap« up at max AUW 

105 mph (l«9 kmh) 
liate of climb at S/L 1,890 ft (575 in) min 
Service ceiling 30,000 ft (9,150 m) 
Service ceiling, one engine out 

14,300 ft (4,360 m) 
T-O run on firm dry sod 1,040 ft (317 in) 
T-O to 50 ft (15 m) from firm dry sod 

1,540» (470 m) 
Landing from 50 ft (15 m) on firm dry sod 

1,120 ft (342 m) 
Lamling run on flrm dry «od        610 ft (18« m) 

Source:  Reference 4 Figure 3 
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DHC-I TWIN OTTKft 
.\iinouiirc(.l in Aiigimt I0A4, thv Twin Ottrr U 

u SI'lH. tiitusport puutTi'il bv two Prutt Jt 
Wliidi.y (IMC) laUA-JO tiirUiBrop niKinc«. 
IX'ititfii work lifgnn in Jiirnmry IUÜ4. Construc- 
tion ofnn initial Imtch ofTwIn Otters WHM '«tnrted 
in Xovi'Mibcr of thr ntwiw yuar anU the lirat of 
tl»M< lltw mf May 20, 1UÜ5. 

At llw Ix'uinning of IUÜ7. n total of 32 Twin 
(Mti'iH had U-m iHivi'nM or wore on order, with 
»iptioji'* on 11 more. Tlti'y inrlmli'il eight tor the 
(Itil'.iti Air Korc»', two for Trnns-Au-trutiHn 
Anlirir-i, on«« for the t'ttiuulian Di-partioent of 
I.IHIIU a if I Forint M. four for Ai'iHlpi of Italy, 
oiu lor Northern Conimlitlnto*! Airlines, .intl 
otlnTH for rilgrim AirlincH anil Air Wisconsin, 
ISA. IVodurtion wn-* MTIIIHIIIIIMJ to bu at the 
rut«' of si\ a month throogh  I'.MlT. 

('ii<ler ilt'velopnu'nl  for ilelivery  la   I'.MiS i^ a 
u-iMon of the   Twin  utter with   more  |>o\verfiil 
(rt4il »'äIIIII IVatl A  Whitney I'TtlA L'T liirl>opro)l 
enu'ine-'.   longer   IMMI"   to   prov l(h'   limri*   bauje^gt1 

-l>...... iinil  AL'W   of  12,300 Ih  (a.«70 V*).    Tlw 
loltounig  ilala   refer  to  the  eorrent   proihtctioii 
mode). 

Tvi'K: Twintorhoprop STOI, transport. 

\VI\I;S: Itrared hi^'h-umg monoplane, with a 
^itigl'* >lieumlme-M-ftioii hraeinu »trut on oarli 
-nie.     Wim» section NAt'A ÜA wriea menu jinr»; 
XAi'A  nnlH n hiied) thiekness iliatribiitiuti. 
Aopecl ratio 10. (.'oitHtAiit chord of 0 fl t) in 
(l!is m). Dihedral 2". Inciilem-o 2J 30'. 
No -.ueepbnck. AII-met a I -»ntelift' >tnirtiire. 
All metal nilcron,* which uUo drouu for nao ai 
llapi*. Uoubln-slot ted all-metul full-ifpan 
triiiliii^-iMlgc flapH. No Hpoilcr«. TrimtalH in 
ail'i"iis. Pncomata- bout de-ioing Cfioipnient 
optional, 

I'i iii:r..u>Ki Conventional all metal scioi-mono- 
eutptu .-^nfe-lilti structnrp. 

TAIL I'MT; Cantilever Hll-metnl structure of 
hi|il) «tictiuth idmnlnlimi alloyM. Kin int^rnl 
" irli luseluge. FiNed-iiieidence i».ilpliuie. Trim- 
tabi in rudder and jiort elevator, latter intrr- 
en n n* r ted with I Id) is. I'neiiniatic ileiriitg 
liuut« on tadplanu h-ading-edgo optional. 

r.wi'isii QffAR: Xonretractable tricydo type, 
uith «tccrable Doscuhee). Kubber «hoek* 
absorption on muiu imit-«. Oleo-pncuiiiiilu; 
iitxe-ivhi e| sh'M-k.Hhsorher. (.Juoilyenr mam 
wir el lyres si/.e I l-no • 12, pressure ;i2 Ib/nn in 
(2 -''» ki: cm'} (iimdyenr nosi'-v^hcel tyre sue 
H '.HI li'50, pressure 31 ll)/s(j in (2-18 (.p/cur). 
Coodneh bydraohe hrakca. Provision fur 
aUernativv Hoat und »ki gear. 

ptiWKii 1*1.*NT; Two .'»70 eshp Vrntt \. Whitney 
trAt'l rrnA-20 mrboprop marines, cncti 
driving a Mait/ell threi-.tilade n-viroble.pitch 
lully tentherinu' nn'tal propeller, diameter 8 ft 
U in (2 11 in). I*'ml in two tiinks (8 •ells) under 
cablit Hour; total eapneüv 010 Imp gallons 
(t.lTH litres). Two refiirllmg points on port 
i»id)! of fiiMluue. i id capacity 2 Imp galloni 
(0 litres) per engine. I^ectric thvicing system 
fur projK-Uerii and air-intakcd optional, 

AecMinmodiitioii: Two »t'ttts -ide-by-sid«1 on flu'bt 
d-i'K. Keats for l:Ms p.iswtii;**r»* in main 
cabin Cubin dixid'd by Intlkli'-ad into inuili 
pas-eiij/er or In ixrl.t ■ Kinptiitne ft ami l.a^un^e 
or toilet colopnttliU'iil, Dooi on i-aeh «nie of 
Inffili ( diin. id rear. Katttfatfe cumpartmeiiis In 
no.-i' i.i.iI nil nf eiibiu, cii<-h with oj wnrd- 
hin/eil d'x-r on   \mn   side. 

K\STI:M<; llyilruitlie -x-len,. pp^-nre I,:»oo ||. 
»«I in iiii.'» ku ehrt, f..i llap-, brakes and no-e. 
wheel sieeni:-..'. \o (tin nmnlie >\-i'ni. One 
2nnA  siaiter-^t ii'-iaioi   on e«eh  i-lnriiH', 

Kilt no'Mrs AMI Ki/i M'MKNT: Uadio HH-I radar 
to ciMnm-'i-'s .-peiliiriitiou. llliittl llx in^ in-iru- 
menialion   standiird. 

I>iMi N-.MI\S,  rxTKHNAL: 
Wilijt »pan lb! li  0 m (10 SI m) 
KeniMh oMinll Hl n 0 in il.Vnll in) 
>|e':.||t overall Is ft 7 in (.VlHl in) 
1'iiiipt.iiie .-pan 21 ft o in (rt-I« m) 
tth.fl track 12 n  "» HI (:t TS m) 
Wbeelliase U ft W m (I .Vim) 
J'fls-'^n^iT door ((»ort pid"); 

Height 4 0  2 m 11-27 in) 
W idih 2 fi 0 tn tOwtl ml 
Hei||hl to Hill :t fi  U) in (117 m) 

I*n«sciicer door (-tail"-.ud »iilc): 
lb iphl ,'{ ft  »J in (I  Ij Mi) 

de Havilland Canada DHC-6 Twin OtUr twin-turboprop transport 

I0n^(| f|   (».-»n lir) 
.Kt MI ft {'A a.'j nr*) 

}y*!l,l
h .„ 2 f) Out (0 70 11,)        I', ilplnoe 

M.lgm to RIII ;; f,  |o ,„ (|.|7 ,„,       Kl. vat-.r.. ineludi,,- tnl, 
llas^age comjiMiimenl door (HUM (; ,.. 

M,„( ...„„par.,,,..,,, ,1  „,.,,,. ^r):    _ ^ j, u^ ,„,!,„ („„{■„/.. 4,-, ^ ^ „,, ,„, 

"'W''« «" •'"> 3« lOmdi:»,) 4.4:;o|i,u.,,T„Vcl 

IHMKN.IOSS, rMKiivu- Max T-l> «.iidu U.äTli II. (,-..;'.-.2 Is) 

(«Irtii, .■x.-|,l.li1,c i!,.|,V ,1. ,1;, t.„l|. v ami l,,,^,^,.     >Ux  '""■' ""'-'" "• ' "' (4•!,|", "f > 
• ir Inili'l pKiiipnrtimiit: I'KnntliM»Nc i: (ut mux TO ivciulit): 
l^'lirali IN fl dm (,'.114 mi       .Mnx rnii-iiiL'-p.. il ni  1(1,00(1 n (.'l,ii.-.n m; 
«"•< »'i^'" .'• li »in (I IKIml IM mpli (J!I7 kinh) 
.i|ii\ liiriit if. i| in (I .-,11 i,,,      Kii'ii .iiii^in.- >p 1 ni Hi.iiiHi fi I;',,II:,II mi 

\'i""r "" ■' f»< i »i| (1 (V-4.-. ii,| l">ll lllj'll (-'■■I  I.mil) 
v"1"""' »W ruft (ION" in'j       I.Bmlii.u »|H..I (M-.l mph (KM kmli) 

lind1 nt ililnl' .it S, j. i,.,.,*:!,  [-t72 li;! diin 
SiTMif iTilint! J,".,."i(i(l ft t7,7"n 'ni 
NiTVici'CPilini!, OII>' I-IIL'U»' out  »i,.Vitlft (J,.Vlli in) 

T-() t«. ."■" ft  (I"« m): 
8T()I, 1,12« n ctd ml 
<'\I<  I'I  :• I,7(1UI1  |.-,i;; n.) 

r.iiiiiliiie fniiii ."." n (l.l m); 
Mm. i.d.-i. fi cm n.) 
I'AK I'I :i 2,I«U It iii.-.s in) 

HaL'L'nci-ii iii|i;irtm.'iil (m.--) v.iliiinc 
22 in I 
• ilillnc 

S2<un (I 47 HI1) 

-'-'in ft («02,i,', 
ll.i(;j;ii;,v ciiiiipiiiimi'iil (nur) Milumi' 

Ann AS: 
Witiu-., «ro-i 42n m ft (3||.02 m') 
Ail.r.iii, (t.it.il) :|;t.- .^ fl i;! us „,., 
TrailiiiK-iilBF ll«r« (total) 112 -• -.) It (1(14 > i,, i 
Fin IS» «., A (4-4(1 ,„=1 
r.mlil.T, llll'!u<llllg ti.lj 340 „, || (3.|fl ,„:, 

limn'c v,itii mnx fu.'I, .'10 min pwrv 
1(20 niil.s (l.-tMl km) 

Source:   Reference  4 Figure  4 
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Appendix A:  Derivation of Analytical Expressions for Selected 
Stability Derivatives 

Analytical expressions for several stability derivatives 

are not included in available references or are not adequately 

developed.  Consequently, these needed expressions are developed 

and presented in this appendix. 
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Derivation of C  and C  y      n 
F      ^F 

Rolliny about the X axis produces change in angle of attack 

at the vertical tail.  This angle change produces a side 

force at the tail and a yawing moment about the Z
R axis. 

The restoring rolling moment produced is negligible compared 

to the wing's contribution. 

From the sketch, the local surface angle of attack is 

a    (z) =  if- 
F        -o 

Side force generated is then 

dYF = " | P Uo2 aF ' F V*) d2 
' o 

(assviming constant lift curve slope 
ap on fin elements) 

A2 
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Assume that c   c 

cf(2) = cr -| 
r
b 

t\   * 

Then bF r 
Y
F - / dYF = - I P üo2 aF ü^ /  [cr z - 

c  _ c . 

dz 

'-['\ 1     r, 2       P - i. p Urt ap - 
2   0 F ü0 

c b 2 
1 2   p    r p 

- - p U a,, —    
2 o F ü0    6 

2    c  c K ' 

] 
1 + 2 a 

Next, define 

3 /c 
t' r' 

and approximate fin area as 
|C    +  c.\ 

c    = b      _E E 
F F 2 

C  bF 

So 

Y     = 
F 

P        bF 
JOVO

2
   

aF  F    -ISFlinrT 

1 +  2   AP 

F      ' 

and 
VqS 
(Pb/2U0) 

2 S
F     ^F ( L+   2   XF 

3       F S~    b    I l  +  Ap 

Similarly, 

C n = - C 

i 
F 

yp 
F 

2 bF     ^F     _£  (1+2   XF 

3 aF b"    S b   U   +   AF 
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Periyatjgn gf c n 
w 

A roll rate (p) produces a differential change in angle of 

attack (a) on each wing.  The change in a  produces a differential 

inclination and a differential change in magnitude of the lift 

and drag vectors on each wing, with' a resulting yawing moment. 

A4 



The  local  angle of  attacH  at a spanwise  station y is 

i        /        i        ' py 
a(y)   =   a0  +  g- 

o 

The lift and drag on a chordwise element of width dy are 

dL(y) = - p n  c(y) a n{y)   dy 
2   0 

and 

db(y) = I p U0
2 c(y) [CD  + k   (aa(y)) ] dy    k = ^i 

w 

The yawing moment on a chordwise element of width dy at 

spanwise station y is , 

dN(y) = - dL(y) • a(y) • y + dD(y) • y 

or 

r.v  2 2       py ^ 
dN (y) = q [-a(a0 + g*. )  + CD  + ka  (a0 + g*-) ]c(y)ydy 

where 

q = ipU2 

Now calculate yawing moment: 

b/2 

N = /    dN(y) 
-b/2 
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So 

4 2  / 2       2    DV2     2 >^ 3 
+ CDf' y + k ayot0 y + 2ka^ a0 g^- + **/fy-  1 dy 

/ W 
O     / Uo 

Terms marked / will, when integrated, equal zero by symmetry, 

so 

b/2 

N = [-2 a a0 2- q + 2 k a2 a0 2_ q] /   y2 c(y) dy 
0 ©   -b/2 

Next, evaluate integral assuming an elliptical wing planform 

and obtain, for the integral, 

So 

N = - 

^ ^ (2)    4 (2)  S 

4 (a ao - ka ao, 2Ü  * qSb 

or, since CT  ■ a a , 

N = , 4°  (1..  « ) ÖL .  qSb 
4        TTAR'  2U«     M 

Finally, 

N/qSb 
n (Pb/2U0) r n - ifei 
w 
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Appendix B.  Estimate of Moments and Products of Inertia 

No moment and product of inertia data have been located 

for the "Twin Otter".  Reference 5 gives data for the "Buffalo" 

but does not specify the axes used.  Accordingly, estimates 

have been made as necessary. The basis of these estimates is 

presented in this Appendix. 

In this report, the following values of the inertia 

parameters will be used: 

Buffalo Twin Otter   i 

1 

Ix,   sl-ft2 273000 24300              I 

Iy,   sl-ft2 215000 22000              | 

Iz,  sl-ft2 447000 41000              i 

'xz'^t2 0 0                    j 

Notes: 

1 These values will be assumed to apply 
to the A-frame axis system.  It will 
be assumed that changes between flight 
conditions are negligible. 

2. Although Reference 5 gives a value 
of J  , it does not specify the axis 
system used.  This product of inertia 
term is very sensitive to small angular 
changes in the axis system orientation. 
It is considered advisable to assume 
J  =0 rather than use a value whose 
basis is unknown. 
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MOMENTS OF INERTIA 

1. DHC-5  "Buffalo"  -  Reference #5 gives moments of inertia 

for a gross weight of 38,000 lbs. 

Ix = 273,000 slug-ft2 

I = 215,000 slug-ft2 

Iz = 447,000 slug-ft2 

Jv, " +36,000 slug-ft2 

Note: Axis system unspecified in Reference 5. Waterline 
axes assumed. 

2. DHC  "Twin  Otter"   -  Corresponding data was not available 

for this aircraft, and the moments of inertia were 

estimated. 

I   =  24,300   slug-ft2 x 

I   = 22,010   slug-ft2 

I2  -  41,020   slug-ft2 

The weight of each item in the aircraft was evaluated 

using information in Sechler & Dunn, Airplane Structural 

Analysis & Design, and Reference 4.  The mass of each 

component was then calculated, and used in the appro- 

priate formula to determine moment of inertia in a 

waterline axis system, as shown in the following. 

B2 
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DHC - "TWIN OTTER" 
ESTIMATED WEIGHT BREAKDOWN 

Item 
Weight 
W, lbs 

Mass , 
m, slugs Method of Estimation 

fuselage 

wing 

ailerons & 
flaps 

elevators 

horizontal 
stab. 

rudder 

vertical 
fin 

fuel tanks 

engines 

engine 
installation 

props 

main gear 

nose gear 

radio 

instruments 

furnishings 

miscellaneous 

pilots 

oil 

1000 

1500 

50 

35 

130 

45 

155 

150 

600 

200 

350 

250 

150 

100 

100 

500 

575 

340 

40 

empty wt 

passen cprs 

fuel 

6270 

3230 

2500 

1 

gross weight 12,000 

31.0 

48.0 

5.13 

6.21 

4.65 

24.8 

10.9 

7.76 

4.66 

3.1 

3.1 

15.5 

17.8 

10.55 

1.24 

8.3% x G.W. 

12.5« x G.W. 

•85 lb/ft2 x 56 ft2 j 

1.0 lb/ft2 x 35 ft2 

wing ■ 1550# 

> horizontal tail = 165# 

2.0 lb/ft2 x 65 ft2; 

1.3 lb/ft2 x 34 ft2 

vertical tail = 200# 

2.3 lb/ft2 x 66 ft2J 

.48  /gal x 315 imp. gal, 

lbs 
289 /engine - Jane's 

engines = 800# 

1.7% x G.W. 

3% x G.W. 

2% x G.W. 

1.25% x G.W. 

- 25 lbs/pass, 

2 xl70 lbs 

lb 5 gal. x 8  /gal 

194.4 

100.2 

77.6 

lb 
19 persons x 170  /person 

8  /gal x 315 imperial gal, 

372.2 method of weight estimation  from: 
E.   Scchlor  &  G.   Dunn. 
Airplane  Structural  Analysis   &  Design 
Dover Publications,   New York,   1963 
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DHC TWIN OTTER 

I x 
MOMENT OF INERTIA ABOUT THE LONGITUDINAL AXIS 

ITEM EQUATION VALUES INERTIA 

wing 

engines 

props 

fuselage 

furnishings 

vert, tail 

horiz. tail 

fuel& tanks 

passengers 

main gear 

nose gear 

m 

m 

m 

m 

in 

m 

m 

m 

m 

m 

m 

^+ Z2} 
12 
y2 + Z2} 

y2 + Z2} 

R2 

ki+ z2} 
12 
R2 

y2 + z2} 

„2 

Note: 
components not 
shown are assumed 
to contribute 
negligible Ix 

65.0' 

9.3f 

9.3' 

3.5' 

3.5' 

5.4' 

21.2' 

4.01 

2.0' 

7.0' 

-4.5« 

Z 

z 

z 

-3.5' 

-3.5' 

-3.5' 

Z = -4.5 

Z = -1.0 

1.745 x 10 

.246 x 10 

.108 x 10 

.038 x 10 

.019 x 10 

.018 x 10 

.030 x 10 

.132 x 10 

.050 x 10 

.038 x 10 

.0095 x 10 

2.434 x 10 

slug-ft 
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DHC TWIN OTTER 

I« 

MOMENT OF INERTIA ABOUT THE LATERAL AXIS 

ITEM       EQUATION VALUES INERTIA 

fuselage ra{(* + ^-)+ x2} R=3.5, Ä-41 ' x=- -1.5 ' .460 x 104 

pilots  1 
passengers\ 
fumjäiingsj 

S,2    2 
n{12 + x*} I  = 16.S1 x = 3.35' .480 x 104 

msc. 
n2 

fuel & tanks m{— + x^} %  = 8.0' X = 3.5' .144 x 104 

wing ^+,|,V I  = 6.5' c = 6.5' .029 x 104 

engines m • R2 R = 5.0' .062 x 104 

props m • R2 R = 7.0' .053 x 104 

main gear m • R2 R = 4.5' .016 x 104 

nose gear m »R2 R = 13.0' .125 x 104 

horiz.tail 'm . R2 R = 25.8* .342 x 104 

vert, tai] m (x2 + Z2) x = -27.5' Z = -5.4' .490 x 104 

• 2.201 x 104 

2 
slug-ft 

Note: 
Components not 
shown are assumed 
to contribute 
negligible Iy 

P5 
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DHC TWIN OTTER 

MOMENT OF INERTIA ABOUT THE VERTICAL AXIS 

ITEM EQUATION VALUES INERTIA 

fuselage 

pilots 
pasgenqcrs 
furnishings 
misc. 

fuel i» taiks 

wing 

engines 

props 

main gear 

nose gear 

horiz. tail 

vert, tail 

Fus 

1z   '  h 

FUS 

m 

m { 

12 

(c) 2 + b
2 

12 

c 2 
(4) } 

m {y2 + x2} 

m {y2 + x2} 

2 m • y* 

2 

m • x2 

m • x^ 

Note: 
components not 
shown are assuned 
to contribute 
negligible I 

I  = 8.0 

c 

y 

y 

y 

X 

X 

X 

6.51 

9.3' 

9.3' 

6.5' 

13.0' 

-25.8' 

-27.5' 

b 

x 

x 

65 

5.0' 

7.0 

.460 x 10 

.480 x 10' 

.044 x 10 

1.720 x 10^ 

.278 x 104 

.148 x 104 

.033 x 104 

.125 x 104 

.342 x 104 

.472 x 104 

4.102 x 10 

slug-ft2 
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Derivation of Expressions  for  Change  in Inertias  with 
Rotation of Axes 

Inertia values are dependent on the set of axes chosen. 

In this part of Appendix B, equations are derived which 

show the effect on inertia values produced by rotating the 

reference axes through an angle e about the Y, axis.  (The 
A 

YA axis is universally chosen to be normal to the aircraft's 

plane of synunetry, so reorientations of the X. and ZA axes 

only need be considered.) 

z' z 

From the sketch, the moments and product of inertia in the 

X Y Z axis system are: 

Ix = /(y
2 + z2) dm 

Iy = /(x
2 + z2) dm (Bl) 

I- = /(x2 + y2) dm 

J = + / x z dm 
xz    J 

B7 



and, in the X' Y' Z' axis system, they are: 

v 
V 

xz 

"'/ (y'2 + z'2) dm 

-J (x'2 + z'2) dm 

- / (x>2 + y'2) dm 

= / x'z' dm 

(B2) 

Also from the sketch,   the  following relations can be 
I: i 

obtained: 
i 

x' = x cos  e  - z sin e 

, y' = y      ' (B3) 

z' = z cos  e + x sin e 

The desired relations are obtaihed by substituting equations 

(B3)   into equations   (B2)   and by making use of the trigonometric 

identity 

.   2 2 , sm    £ + cos     e = 1 

These relations are 

2 2 
I cos  e + Iz sin e + 2 JX2 cos e sin e 

V 

xz 

y 

:z 
2   '      2 ' 

J_ cos  e + I  sin e - 2 J  cos e sin E 
X X A« 

J«- cos 2£ + f1^ ~ I«.) cos e sin e xz Z    X ' 

(B4) 

i  ' 
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Estimation of Angle   £ Between X .  -.   and X.  Axes waterli,ne A 

In this part of Appendix B, an estimate is made of the 

magnitude of the angle e that is associated with the use 

of stability axes for the three flight conditions being 

considered.   ' 

W/L~ waterline 
(parallel to fuse 
ref line) 

e (negative as shown) 

(parallel to equilibrium 
rempte wind) 

Assume that wing incidence has been chosen by the manufacturer 

to produce a level fuselage attitude when the aircraft is in 

flight at "Economy Cruise Speed" at 10,000 ft and at an 

arbitrarily-chosen average gross weightr 

For  Buffalo: 

_ max payload 
average   T.0 max     2 

- 41000 -, 13843/2 

- 34078 lbs 

(Reference 4 or 
Figure 3, this report) 

vEcon cr = 2°8 mph ^  306 fps @ 10,000 ft (same) 

»Ec 
= 1 p n ? =1201151 (306)2 = 82.0 lbs/ft2 

CT   = W/qS = 34078/(82)045) = .44 
^EC 
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For Twin Otter: 

Waverage    = 11*579  - 
4430 

(Reference 4 or 
Figure 4, this report) 

Econ cr 

- 9364 lbs 

■ 156 mph = 230 fps @ 10,000 ft (same) 

.001754     2 2 
=    ,    (230)  = 46.5 lbs/ft be * 

CL = 9364/(46.5)(420)   =   .48 
Ec 

Next,  assuming slope of lift curve is as calculated in Section 

VII   (= 5.2/rad for both aircraft),  one can sketch lift curves: 

Buffalo 

slope 

Twin Otter 

5.2rad 

-e,  rad 

From these sketches,  one can infer e   (angle between X,  axis 

and Xy/r  axis)   at a given C» : 

CL " CL 

5TT 
Ec (rad) 

BIG 



Now, calculate this angle for each flight condition considered 

in this report: 

Aircraft Flight 
Cond. 

-e 
Ec 

(Section VII) rad deg 

Buffalo Cruise .30 

Slow Fit .77 

Lndg Appr 1.49 

Twin Otter Cruise .42 

Slow Fit .78 

Lndg Appr 1.65 

44 -.0270 -1.55 

.0635  3.64 

.202 11.6 

48 -.0115 -.66 

.0577  3.30 

.225 12.9 

Note;  Calculation has not accounted for flap 

effects.  Use of flaps (as in Landing 

Approach Flight Condition) will reduce 

|e| substantially. 
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The above table shows that |e| is largest for the Landing Approach 

flight condition.  Accordingly, the change in inertia magnitude 

due to axis system rotation will be investigated at this flight 

condition. 

Equations (B4) and the waterline-referenced inertias of page Bl 

are used to prepare the following table (assuming J xz 0): 

Buffalo Twin Otter 

(e - -11.6°) (e = -12.9° l 

K ■ 'wsl-"2 273000 24300 

v - \- sl-ft2 
280000 25040 

% change 2.5% 3% 

1=1   , sl-ft2 

1 2    2W/L 
447000 41000 

V - I2A' 
Sl-ft2 440500 40135 

% change -1.5% 2% 

This table shows that inertia values are only slightly affected 

by small axis rotations. It is concluded on the basis of this 

table that variations in inertias due to small axis rotations 

can be reasonably neglected. 
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Appendix  C    Calculation  of Stability   Derivatives 

This appendix shows the step-by-step calculations carried 

out to obtain the derivatives presented in Section VII. 

In this appendix, the parameters needed to evaluate the 

non-dimensional stability derivatives are developed (Items 1 - 72) 

The source of each parameter is shown. Then, the non-dimensional 

stability derivatives are calculated (Items 73 - 99) using the 

expressions presented in Section VI, Table I.  Finally, in 

Items 100 - 111, certain dynamic constants (e. g., c/2U0) needed 

to calculate the dimensional derivatives are tabulated.  Also 

presented is a summary of moments and products of inertia 

developed in Appendix B. 

Some of the parameters appearing in this appendix are used 

only here, and are not included in the list of symbols appearing 

in the front of this report.  However, these parameters are 

fully defined where they are introduced in Appendix C. 

Cl 
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Appendix C 

Calculation of Derivatives 

NO. PARAMETER 
VALUE           1 

SOURCE BUFFALO TWIN OTTER 1 

1 1 S, gross wing area, ft Pig. 3, 4 945 420 

I 2 b, wing span, ft Fig. 3, 4 96 65 

3 

1 
c, mean aerodynamic chord, ft 

b/2 

= —  i    c      dy 
S ^     geom 1 

Ref. 2 10.1 6.5 

1 ^ c qe  / geometric wing chord, ft Fig. 3,4 11.77 6,5 
HO^Üß.^) 
<14.32-.lS6i 
(Ifi^y^S') f 

I 
1 

5 C  , lift curve slope of aircraft 
a  = lift curve slope of wing, 

rad 

| 
1 
1 

a» 
Ref. 3 5.2 5.2   1 

1 + 
a~_ 
TTAR i 

i 6 a« , two dimensional lift 
curve slope of wing section (Est) 2Tr 2TT 

} 

i 7 AR, aspect ratio of wing i 
1 

= b2/S (def.) 9.75 10 

8 e,  airplane efficiency factor (Est) .75 .75 

9 S , horizontal tail area   2 
(including elevator), ft Pig. 3,4 233 100 

10 I   ,  distance, wing quarter chord 
to horizontal tail quarter 
chord, ft Fig. 3,4 t6 25   1 

C2 



NO, PARAMETER SOURCE 
VALUE I 

BUFFALO    TWIN OTTER 

11 

12 

13 

14 

15 

S 

1 
t 
a 

i , lift curve slope of  , 
horizontal tail, rad 

1 «U« 
1 LJ 

-—4-tXI!- 11 1     .__J 

JsZ2>~ ̂ H— —-triri] 

4 ^>^- ss^ -—j-— 
"T" ̂  

v- \ 
/ Hon ot lal tail 

/ (tr np 1 

r 

- 
2       3       4       S        6        7        8       9       10      U      12     13 

Aspect ratio 

FIOVRK 5-5.   Slope of lift curve versus aspect ratio. 

AR , aspect ratio of horizontal 
T tail = bTVST 

b , horizontal tail span, ft 

n , horizontal tail efficiency 
T  factor 

In absence of any experimental 
data, assume nT cf Buffalo high 
T - tail is 1.00.  Assume 
fuselage interference on Twin 
Otter tail is compensated by 
prop slip stream and therefore 
nT = 1.00 

r = V| 

Figure 

U-i 

(def.) 

Fig. 3,4 

(Est) 

.061/O 
=3.5/rad 

.061/O 
=3.5/rad 

4.4 

32 

1.00 

4.4 

21 

1.00 

,96 ,77 
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NO. PARAMETER 

16 Z   ,  vertical distance,   horizontal 
tail  a.c.   to  zero  lift  line, 
ft 

17 n =  Z  /^ 
T   2 

13 TR,  wing   taper ratio =  c /c 

SOURCE 

Fig.   3,4 

Item'4 

VALUE 
BUFFALO 

18.5 

A-6 
TÄ - I : 1 

A-9 Ä-\2 

I" Vliucul d'>>. horit. t)il B.C. 10 »TO tut lint 
SvTii^pan 

Oltlancif root   \4 chord to hori,. Ittl a.c. 

S*niupaft 

.SO      .75     1.00     l.SS 

5^H 
.JO      .79     1.00    1.29 

r 

Tß = 3 : 1 

{14 

•514- 

 Or- 1 1— 

0 v, 

.1 *v. ^^ 
' .2 

"^J ̂ - -O 
*] 

0 ^ 
.1 -  
"^ I       1 

.50      .75     1.00     125 
r 

.50     .75     1.00    1.29 
r 

.50      .75      1.00    1.29 
r 

up. TR-S -.1 

.50      .75     1.00     1.25 
r 

.50      .75      1.00     1.25 
r 

.üO      .75      1.00     1.39 
r 

FiotRE 5-10.    Dowmvash charts. 

38 

<N 

n. 

PO 

I 

TWIN  OTTER 

3.0 

C4 



NO, PARAMETER SOURCE 
 VALUE  
BUFFALO  1  TWTN OTTER 

19 

20 

21 

22 

23 

24 

25 

dc/dm, rate of change of 
downwash angle at tail 
with change in angle of 
attack, rad/rad 

S , elevator area, ft 
e 

Se/S, 

4* 

'I I >r 

.1  .2  .3  .« 
S./S, 

.5   .6   .7 

FIGURE 6-33.   Klcvaior effectiveness. 

daT/d6e, elevator effectiveness 

s,.,~i./ wetted area of aircraft, 'wet' ft' 

" Swetw 
J Swetfuse 

+ SwetT 

+ Swet^ + Swet ^^ 
p      nac 

S    = 2S 
wetw 

'wet fuse fuse  ''fuse 

above 
chart; 

Fig. 3,4 

20/9 

A 

o 
in 

0* 

l*-l 

above 
chart 

.17 

81.5 

.35 

.54 

5590 

1890 

2300 

.25 

35 

.35 

54 

2243 

840 

900 
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NO. PARAMETER SOURCE 
VALUE 

BUFFALO TWIN  OTTER 

27 

2^ 

29 

30 

31 

32 

33 

'wet     ~   2   ST T 1 

S
      *-      =   2   SP wetF F 

S =2   U„.„   •   c        ] wet^,.^ nac nac nac 

^fuse'   fuselage length,   ft 

cf        ,   average  fuselage 
use    circumference,   ft 

i        ,  nacelle  length,   ft 
IiAC 

Fig. 3,4 

nac average nacelle 
circumference, ft 

f, equivalent flat plat« area of 
aircraft, ft 

chart 
below 

466 

304 

630 

77 

30 

21 

15 

30 

100        200        400  600    1000      2000      4000      8000 

FIGI'BE 2-70.    Wetted area chart. 
 J  

30.000 100,000 

200 

164 

144 

47.5 

19 

12 

16.5 

00 

n 

>4-l 

1 
C6 
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NO. PARAMETER SOURCE 
VALU1 

BUFFALO TWIN OTTER 

34 Cn , parasite drage coefficient D f of aircraft = f/S (def.) 

35 

Uote: These values of Cn were 
speeds and rates f of cl 
published in Reference 4. 
Analytical estimates of C 
considered to be rough 
shown here are reasonable 
study's purpose. 

p,  atmospheric air density, 
slugs/ft"3 

Cruise 
Slow Fit 
Lndg Appr 

ised to ca 
mb to comjjjar 
The ag: 
(or f) sAould only 

'f estimates.  The 
ones, adequate for this 

36 U o' 

37 

38 

aircraft forward speed 
at equilibrium flight 
condition, fps 

Cruise 
Slow Fit 
Lndg Appr 

q, dynamic pressure, lbs/ft 

1 2 
« i. p U 

2 o 
Cruise 
Slow Fit 
Lndg Appr 

CT , aircraft lift coefficient 
o at equilibrium flight 

condition = W/qS 
Cruise 
Slow Fit 
Lndg Appr 

Table II 

Std 
T^tmos 
Tables 

Table II 

,032 ,039 

culate mav. forward 
e with figures 

was rood. 
be 
alues 

.001756 

.002378 

.002378 

400 
215 
154 

140.5 
55.0 
23.4 

.30 

.77 
1.49 

,001756 
002378 
,002378 

278 
176 
120 

68.0 
36.9 
17.3 

.42 

.78 
1.65 

C7 
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NO, PARAMETER SOURCE 
VALUE 

BUFFALO TWIN OTTER 

39 

40 

;D , aircraft drag coef. at 
o equilibrium flight condition 

= Cn + CT  /TreAR 
Df  ; Lo 

,   Cruise 
Slow Fit 
Lndg Appr , 

i i 

angle of rotation, at 
equilibrium flight' condition, 
of 

plane, 

,036 
,057 
,127 

.047 

.065 

.15$ 

Note: 

X axis from horizontal 
rad oz;  deg 

Cruise 
Slow Fit 
Lndg Appr 

Fig. 2, 
this rpt', 

0 
0 

-7.5°, i-7.5° 

0 
0 

Item 39: Landing Approach 
However, insufficient in 
geometry to make a valid 
the "noflap" cfata is appl 
of the required flap data 

Condition 
formation is 

stimate o 
ed pending 

-.131 rad -.131 rad 

involves use of flaps 
available) on flap ' 
AC     1 Therefore, 

"flaps.| receipt 

C8 
i       i 
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NO. PARAMETER SOURCE 
VALUE 

BUFFALO TWIN OTTER 

41 

42 

43 

44 

45 

-(h-h) , stick-fixed static 
margin, fraction of c 

Note: ' 
It will be assumed in this 
report that« aircraft parameter: 
are such that the static margii 
is limited to values between 
.25 (most fdW C.G.) and .05 
(most aft C.G.) 

Ref. 2, 
Ref. 3 

Therefore: 
(h-hj (most fwd C.G.) 

(normal C.G.) 
(most aft C.G.) 

n 
-.25 
-.15 
-.05 

-.25 
-.15 
-.05 

In this report,   the normal C.G. 
value will be used. 

center 
of 

gravity 

stick-fixed 
neutral point aerodynamic center 

/ 

1 

^                r 

i 

ased) 

1                                   i 

1 

d9 
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NO, PARAMETER SOURCE 
VALUE 

BUFFALO TWIN OTTER 

46 

47 

48 

49 

50 

S »vertical tail area (including 
F rudder), ft2 

b , vertical tail span, ft 
F 

, vertical tail chord,ft 
geom 

AR , aspect ratio of vertical 

fin /s, 

AR. effective aspect ratio of 
vertical fin (to account 
for stabilizer end-plate 
effect) =1.55 AR„ 

.08 

.07 

h 
% .04 

i 
.03 I 
.02 

.01 

^ 1 
s s 

y 
y 

r^- i ii A 
/ J^ «L FFi \U. i   i 

! 
r -TW M o'n Kk 

i 
0     1       2      3      4      5      6     7 

EdKtivt »ptet ratio nrtlcil till. At 

Fioi RE 8-8. Slope of lift curve, verti- 
cal tail. From NACA TX 775, 
"Annlvsis of Wind-tunnel Data on 
Diri'dional Stability and Control," by 

11  H, Pass. 

Pig. 3,4 

Fig. 3,4 

Fig.   3,4 i 
(def.) 

Ref.   3, 
p  325 

152 

14.0 

3. 3 (root) 
8.5(tip) 

1.29 

2.00 

ro 

82 

11.0 

9   2   (root) 
5.7   (tip) 

1.48 

2.30 
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NO. PARAMETER SOURCE 
VALUE           | 

BUFFALO TWIN OTTER 

51 a ,   lift curve slope of vertical 
F 

tail, deg  or rad~ 
above 
figure 

/.044/deg 
< 2.5/rad 

.64 

.049/deg 
2.8/rad 

52 X_, taper ratio of vertical tail 
= CF   /CF 

tip rroot 

Item (fä .62 

53 Ä , distance, wing quarter chord 
F to vertical tail quarter 

chord, ft 

Fig. 3,4 44 25.5 

54 Z-, vertical distance, aircraft 
CG to mean chord of vertical 
tail, ft 

Fig. 3,4 10 5 

55 d(J/dß, rate of change of side- 
wash angle at vertical 
tail with change in side- 
slip angle, rad/rad. 
Estimate requires wind 
tunnel data. Will 
arbitrarily use value of 
.1 here. 

(Est) .1 .1 

56 S , area of rudder, ft Fig. 3,4 60 34 

57 sr/sF /56)/46 .4 .4 

58 dot /do-, rudder effectiveness 
F  r chart @ 

Item 22 .58 .58 

59 Z , vertical distance of root 
w quarter chord below fuselage 

center line, ft 

Fig. 3,4 -3.5 -3.0 

60 h, fuselage height at wing root, 
ft 

Fig. 3,4 9.8 7.0 

61 w, fuselage width at wing root, 
ft 

Fig. 3,4 10.0 6.0 

Cll 
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NO, 

62 

63 

64 

65 

66 

PARAMETER 

c /c, ratio, aileron chord to 
local wing chord 

(- .3 

/TWIN 

X ,, 

OTTEF 

^,^V—ThfOffliCil 
.InlJlMl 

^1 ̂ ^ 

•Bl PfALC 

oo 
m 

ro 

u 
D 
O 
tn 

.1 .2 .3 
«a/«» 

FIGURE 9-15.   Aileron effectiveness. 

T, aileron effectiveness 

y,, distance, aircraft centerline 
to inboard end of aileron,ft 

y«, distance, aircraft 
centerline to outboard end 
of aileron, ft 

3 
Volume of fuselage, ft 

SOURCE 

Fig. 3,4 

above 
figure 

Fig. 3,4 

Fig. 3,4 

Fig. 3,4 

VALUE 
BUFFALO 

25 

.43 

33.0 

TWIN OTTER 

.22 

.40 

14.0 

C12 
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NO. PARAMETER SOURCE 
VALUE           ) 

BUFFALO TWIN OTTER| 

67 Cn  , wing profile drag 
fw coefficient * 

Ref. Cl 
(below) 

.006         .006  | 

(representative values 
from data plots of 
ref.) 

68 C  , wing drag coefficient* 
Dw 

= C  + c VITA 
Dfw   Lo 

Ref. 3, 
P 73 

Cruise 
Slow Fit 
Lndg Appr 

.009 

.025 

.077 

.012 
• 025 
.093    j 

Reference Cl: "Theory c 
Summary 
& Von Dc 
Inc., N. 

f Wing Sec 
of Airfoi] 
enhoff, Dc 
Y. , 1959. 

tions Incl 
Data", Ah 

ver Public 

uding a 
bott 
ations, 

* See note at Item(39 

69 \ 

70 
>   (not used) 

71 

72 
/ 
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NO. BUFFALO 

 m—@ jpsj 
73 C       =  -  3CD     - CL    tan  0O 

u o o 

Cruise 

=   -  3(.036)   - 0  =  -   .108 

Slow Fit 

=   -  3(.057)   - 0  =  -   ,171 

Lndg Appr 

=  -  3(.127)   -   (1.49)(-.131) 

-  -   .186 

TWIN  OTTER 

Cruise 

= - 3(.047) 

Slow Pit 

= - 3(.065) 

Lndg Appr 

=  - 3(.151) 

- 0  =  -   .141 

- 0  =  -   .195 

- (1.65)(-.131) 

=   -   .237 

74 
@ 

C..     = CT 1   - 

2CL^1 
Tie AR 

, [■- CL.       I1 

-   .547 C 

_ll5-2) 

7T(.?5)(9.75)J =  CT 

F 2(5.2)       1 
L1  "  Tr(.75) (10) J 

Cruise 

« .547 (.30) = .164 

Slow Fit 

- .547 (.77) = .441 

Lndg Appr 

=   .547   (1.49)   =   .815 

=   .558  C 
Lo 

Cruise 

= (.558) (.42) = .234 

Slow Fit 

= (.558)(.78) = .435 

Lndg Appr 

=   (.558)(1.65)   =.920 
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NO. BUFFALO TWIN OTTER 

75 
38 

Zu       Lo 

Cruise 

= - 2 (.30) = - .60 

Slow Fit 

= - 2 (.77) = - 1.54 

Lndg Appr 

= - 2 (1.49) = - 2.98 

Cruise 

= - 2 (.42) = - .84 

Slow Fit 

= - 2 (.78) = - 1.56 

Lndg Appr 

= - 2 (1.65) = - 3.30 

76 Define V , horizontal 
T 

tail volume: 
10   9 

£T  ST 
T   ,'T   c   S 

14   S  M 

(46)     (233) 

" (1-0) (10.1)  (9457 =1-12 
(25)    (100)        | 

" (1*0) (6.5)  (420)   •91-J 

77 Czd
=-2-aT  VT  da 

11   76    19 

= - 2(3.5) (1.12) (.17) - - 1.3: 

i  

= - 2(3.5) (.915) (.25) = - L60 
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NO, BUFFALO TWIN OTTER            | 

©    @ 
78 

Cruise Cruise 

= - (5.2 + ,036) = - 5.24 = - (5.2 + .047) = - 5.25 

Slow Fit Slow .Fit                   | 

= - (5.2 + .057) = - 5.26 = - (5.2 + .065) = - 5.27  | 

Lndg Appr Lndg Appr 

= - (5.2 + .127) = - 5.33 = - (5.2 + .155) = - 5.36 

79 C^ - - 2 aT VT 

= - 2 (3,5)(1.12) = - 7.83 = - 2 (3.5)(.915) = - 6.40 

80 

= (3.5) (,54) (|||) (1.0) 
*                      =.465 

= (3.5) (.54) (Ä (1.0)   1 
420 «.450 

81 
(5)          y® 

Cm =CL^  (h "V a    a        n 

= (5.2)(-.15)= - .78 = (5.2)(-.15) = - .78      1 

(for normal CG) (for normal CG) 

C16 



NO. BUFFALO TWIN OTTER            | 

82 C  = C   -=■ in*   z.  c 

= (-1.33) (-^-)= - 6.05 
10.1 

= (-1.60) (f^-) -■- 6.15 
6.5            j 

83 

= (-7.83) (-$£-)  = - 35.6 
10.1 

= (-6.40) (^-) = - 24.6  1 
6.5 

84 C   .cf^ 

= (.465) (" ) = 2.12 
10.1 

= (.450)( — ) = 1.73    \ 
6.5             j 

85 (not used) 

C17 
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NO, 

86 

BUFFALO TWIN OTTER ' 

<? (46) 
S >-' 
F 

- ap  r"  (1 

© 
.152. 

do . 
H  ) 

= - (2.5) (9J5) (1 - .1) 

- - .362 

82 
(2-8)  420 (1 " '^ 

- .492 

- - .055 

87 

2 ii   go l+2(.62) 
- 7 (2.8) (ii) (-|i-) (  

3 65  420   1 + .62 

- .085 

88    C   = 2 a,, c~~ q 

2(2*5)(i?)(?4f) = •368 2 (2.8)(|^.)(f|-) 
65  420 

.429 

F s   37^ 89 C..  - - a,, -^ 

" (2.5) (^1) (.58) = - .233 
82 

- (2.8) (J|Q) (.58) = - .317 

C18 



•^mmmmmmrmm   111 ■'■   i   ■i"""'" 

NO. 

90 

BUFFALO 

Cj      =  C«        +  C« 

+  C, 

fuselage 

CÄ       from figure:       5=1.0 

5=0 r5=.34 

r flgeorn from 

uJ-^4J^i9•3,        • 
T*- — 48  
4 

C, 

geom from     -ij 
067 tad 

ric. 

'6 w      L- 

'6 w ^wi r 

5=.34 5=1.0 

AR » 9.75,   X  =   .5 

[(-.84)-(-.14)] .087=  -.061 

= 1.2v^R ®i.%^ 
'3 fuselage 

^■^(^fe 

:sP"S 
b 

-.028 

AR =   10,   X =  1.0 

!* =   .035  rad 
(geom from Fig.   4) 

a: 

r  =   (-.86)(.035) 

=   -   .030 

XE) 
,10, (-.362)    (iü)   =   -   .036 
96 

ß 
-   .061  -   .028   -   .036 

=  -   .125 

- M^) (^)- -« 35 

=   (-.492)(|j)   =  -   .038 

=   -   .030   -   .   035  -   .038 

=   -   .103 

C19 
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NO. BUFFALO; TWIN  OTTER 

91 C.       from figure -»■ 

for AR » 9.75,   X =   .5: 

'p = -   .53 

.70 

.66 

.62 

.SB 

.64 

I M 
.42 

.36 

M 

TWEW-OPTBB 

BU: ^ALP' 

<> 

.30- 

Taper ratio. X 

•12. 

S 10 12 14 
AapMI ntio 

for   AR   ^   10,    X   =   1.0,1 

Co        =    -     .60 

m 
m 

£ 
0) 
o 
M 
3 
O 
W 

92 Co       + C, 

Cruise 
.30 IQ 

- — +   (.368) (||-)».075+.038 

Cruise 

■  ill +   (.429)llL- = .105+.03: 4 ,    (65) 

.113 
Slow Fit 

= ill 
4 

Lndg Appr 
1.49 

+   .038 =   .231 

ßlow Fit 
_   .78 

4 

Lndg Appr 

=   .138 
\ 

i 

+   .033  =   .233 

+   .038 -   .410 li§i +   .033  =   .451 
4 

C20 

■ ■   I   - - — 



""", """       ■"■ ? "     ' -       -        -        - —   r  

NO. BUFFALO TWIN  OTTER 

93 Cä    s cv     jr y6     b 
JB 

* XD 
10 

=   (-   .233) (—)   «  -   .024 (-.317) (j^-) =  -   .024 

94 

47 

^(5t2)(-43)/  {M.82-.186y)ydy 
(945) t96)     ^3   ,    , '*** 

.000049317.41(472-333) 

^       3 
-.062   (47J-33   )]   .   .20 

2(5.2) (.40) 
(420)(65) 

31 
/    6.5 ydy 

=   .00099 

14 

312  "  14' 
=   .38 

•5   \' \. \s 
*n. 

5F 

-   - iC 

fuselage /->,.    ruseiac 

3F 
yR   B~ 

-   (-  .362) (11) = ■16M® 
'n 

96     , ,vol >-     , 
(       fuse)     h 

ß. -   Sb 
fuse 

- 1.3 
(4600) 
(945)(96) v   10 *  (14)= -.0651 

Cn    «   .166  -   .065  ■   .101 

C21 

=  -   (-   .492) (^|^)   =   .193 
03 

=  -  1.3 
(1300) 
(420)(65) '6 

(T)   -  -   .072 

Cn     =   .193  -   .072  -   .121 

■ ■■■■!■   I   I  II   ». 
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NO. BUFFALO TWIN  OTTER 

96 
Cn

D"
C"n     +C"n 

CL CL o r1         5.21 
"■4L1      9.75"TrJ 4L1       IOTTJ 

«   -    .207   Cr 
Ä         Lo 

= -   .208 CT Lo 

e     . . cl®  ^-@ 
n                  ^y          w 

PP                  PF      VjN 
■ 

- -   (-   -055) (||-)   -   .025 - -   (-   .085) (^i) = .033 

Cruise Cruise 

Cn    ^ -   .207(.30)   +   .025 - -   .208(.42)   +   .033 -  - .054 
P 

m  -   .037 

Slow Pit Slow  Fit 

-  -   .207(.77)   +   .025  « -  .134 =  -   .208(.78)   +   .033 = -  .129   | 

Lndg Appr Lndg Appr 

- -   .207(1.49)   + .025 - - .283 =  -   .208(1.65)+   .033 -  - .310 

C22 
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NO. BUFFALO TWIN OTTER 

97 
rF 

= - (ii)(.368) = - .169 

Cruise 

cn " ^i^ " •169 " ~ •171 
r    * 

Slow Fit 

- - 'Of - .169 - - .175 

Lndg Appr 

. -•''J' . .u, . . .188 

= - (^|j5) (.429) = - .168 

Cruise 

Cn = - 4^" " -16« - - «171 
r     4                \ 

Slow Fit                     | 
.025    ,,„      .., i 

• ^ .168 - - .174 

Lndg Appr 

- - -^p - .168 - - .191 | 

98 

- - (- .233) (|i) = .107 - - (- .317) (i|^i) = .124 

99 c   - 0 
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NO. PARAMETER 

BUFFALO TWIN  OTTER 

CRUISE 
SLOW 

FLIGHT 
LANDING 
APPROACH . CRUISE 

SLOW 
FLIGHT 

LANDING  1 
APPROACH 

100 q S 132,500 52,000 26,850 28,750 15,500 7,260    | 

101 q S/ü0 331 242 174 103 88 61 

102 q Sc 1.34X106 .5252x10^ .2715xl06 185,500 100,800 47,100 

103 q SC/ü0 3350 2440 1760 667 572 392     | 

104 q Sb 12.75x10 5.0X106 2.58X106 1.855xl06 1.008X106 .471xl06 

105 q Sb/ü0 31,850 23,200 16,700 6,670 5,720 3,920   | 

106 c/20o .0126 .0235 .0328 .0117 .0185 .027 

107 b/2ü0 .120 .223 .312 .1170 .185 •270    1 
108 m 1240 1240 1240 372 372 372     | 

109 ^ 273,000 273,000 273,000 24,300 24,300 24,300 

\no 
^ 

215,000 215,000 215,000 22,000 22,000 22,000   | 

111 l» 447,000 447,000 447,000 41,000 41,000 41,000   i 

C24 
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Appendix D. Transient Responses to Control Inputs 

In this appendix, transient responses (or time histories) 

of aircraft motions in response to step control inputs are 

presented.  Equations 48-53 of Section V and the numerical 

values developed elsewhere in this report are used. 

Figure Dl shows the response in pitch rate 0, pitch angle 

A0, angle of attack a,  altitude Ah, and forward speed (AU/U ) 

resulting from a step elevator input A6  for the "Buffalo" 

aircraft in the cruise flight condition. 

Figure D2 shows the response (again for the Buffalo in 

cruise flight) in the same parameters resulting from a step 

change in thrust AT. 

Figures D3 and D4 present Buffalo A6 and AT responses 

respectively with the aircraft at the slow flight condition. 

Figures D5 and D6 present the same responses for the landing 

approach condition.  In Figures D5-D6 (and in Figures D17-D18), 

altitude (Ah) in plotted as the change from the nominal altitude 

resulting from a steady descent at -7.5° flight path angle. 

Figures D7-D12 present lateral responses for the Buffalo. 

Figure D7 shows the response in sideslip angle ß, roll rate ♦, 

roll angle *, yaw rate f, and yaw angle T resulting from a 1° 

step aileron input 6 at the cruise flight condition. 

-Dl- 
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Figure D8 shows the lateral response in cruise flight due 

to a 1° step rudder input 6 . 

Figures D9 and D10 present 6a and 6  responses respectively 

for the Buffalo at the slow flight condition. 

Figures Dll and D12 present the same information for the 

landing approach configuration. 

Finally, Figures D13-D24 present the same information for 

the Twin Otter aircraft as is given in Figures D1-D12 for the 

Buffalo. 

Time constants, natural frequencies and damping ratios 

associated with the transient responses shown in figures 

D1-D24 are presented in Table Dl.  These were generated as 

part of the transient response computer program. 
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TABLE Dl 

Summary of Characteristic Response Parameters 
For "Buffalo" and "Twin Otter" Aircraft 

BUFFALO 
SLOW 

FLIGHT 

TWIN OTTER 

mi- CRUISE APPROACH CRUISE APPROACH 

L
o
n
g
i
t
u
d
i
n
a
l
 

SHORT  PERIOD OSCILLATION                                                                                           | 

i a     _   RAD 
i     n       SEC 2.93 1.98 1.42 3.14 2.46 1.69        i 

c .794 .855 .856 .710 .780 .783        j 

lAw  -SEC 
n 

.43 .59 .82 
I 

.45 .52 • 76           i 

LONG  PERIOD OSCILLATION 

RAD 
Wn-SEÜ .084 .147 .205 

1 
.132 .198 .289        | 

c .166 .108 .082      1 .140 .101 .069        j 

1 
VCwn-SEC 72 63 59.8 

1 
54 50.3 50          | 

H 
!   io 

1   «a 

LATERAL OSCILLATION                                                                                                       | 

RAD 
un      SEC 1.78 1.26 1.09 !     2.46 1.95 1.66       ; 

C .162 .169 .193 .202 .254 .360       ; 
1/;oün-sEc 3.48 4.69 4.77 2.02 2.02 1.67       j 

SPIRAL MODE   (MINUS SIGN   11 fDIGATES  E )IVERGEN( :E) 

^ 
Ts   -  SEC 75.7 -379 -78.5 788 -48.5 -21.8 

ROLL  SUBSIDENCE 

TR   -   SEC .328 
 1 

.446 .650        i .185 .221 .376          | 
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FIG.D-1  Response  To  1°  Step Elevator  Input   (Buffalo,   Cruise) 
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F1G.D-2  Response To  10% Thrust  Input   (Buffalo,   Cruise) 
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